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Summary

This thesis presents a new modeling frameworkapplication methodology for
the study of aircraft structures. The frameworkvites a ‘cradle-to-grave’ approach to
structural analysis of a component, where strutiatagrity encompasses all phases of
its lifespan.

The methodology examines the holistic structaledign of aircraft components
by integrating fatigue and damage tolerance metlogées. It accomplishes this by
marrying the load inputs from a fatigue analysisrfew design, into a risk analysis for an
existing design. The risk analysis incorporates wariability found from literature,
including recorded defects, loadings, and matstraingth properties.

The methodology is verified via formal concepizeaion of the structures, which
are demonstrated on an actual hydraulic accumuéatdran engine nacelle inlet. The
hydraulic accumulator is examined for structurategmity utilizing different base
materials undergoing variable amplitude loadingutedrity is accomplished through a
risk analysis by means of fault tree analysis. &hgine nacelle inlet uses the damage
tolerance philosophy for a sonic fatigue conditiomdergoing both constant amplitude
loading and a theoretical flight design case. &Redi strength changes are examined
throughout crack growth, where structural integrisy accomplished through a risk
analysis of component strength versus probabififiiture.

Both methodologies can be applied to nearly amyctiral application, not

necessarily limited to aerospace.

XV



1 Introduction

The probability of an aircraft failure occurringas the potential to have a
widespread effect on the cost and lives compareihter industries, as shown by Figure
1.1. The combination of harsh environmental cood# and system complexity only
increase the chance of service failure. This wasrghe utmost attention to the minutest

of details for safety in aerospace.

Thousands|

Hundreds

Tens

Few

Potential number of fatalities per accident

Localised Distributed Highly

interactions interactions distributed
interactions

Figure 1.1 Potential fatalities per accident of vaious industries [1]

In terms of structural integrity, the root causaystem failures can be attributed to
» A single overloading event that exceeds the compisngtatic strength (referred
to as the ultimate loading)

» Several events that cause small but additive darfrafgrred to as fatigue failure)



This thesis will concern itself exclusively with antifying and mitigating risk associated
with fatigue failures for various aircraft struasr

The failures associated deal with structural congmts serving mechanical
systems. The loading conditions can take a vadéfgrms, such as engine noise during
normal operation, or maneuvers performed duringseru The analysis of combined
loading conditions provide a more realistic pictofeactual in-service use, and allow the
engineer to assess system performance more clegiidye any supporting testing may
commence.

As a system performs throughout its intendedspifan, accumulated wear, or
fatigue will inherently occur. This accumulatioasha direct correlation with the increase
probability a failure will occur, defined assk. In this chapter, the reader will be

introduced to a brief synopsis of fatigue and risk.

1.1 What is Fatigue?

For the purposes of this thesis, the generalystfithilure due to repeated loads is
deemedfatigue’, however as it will be discussed in Sections hd 2, the discussion of
fatiguewill be bifurcated into ‘Fatigue’ and ‘Damage Trdace’. In generafatigueis
defined as structural failure due to repeated Idagsling), whose generated stresses are
lower than those found for static failure [2]. l6eeés occur due to the natural
inhomogeneity of materials and damage imparted @ierrals from manufacturing
processes, where accumulation of damage from Igamtiours due to [3]:

* Mechanical or thermally induced loading
* Environmental effects to component (corrosion,)etc.

» Rate of damage is load dependent (randomized Igadinconstant loading)



Fatigue damage in large and complex structures can haviéipteusites of
initiations, which is especially true for large aswlies, such as the aircraft’'s fuselage
and wing [4]. Initiation sites are due to poosig@ practices or manufacturing quality.
Some examples include improper corrosion protedtitasign), incorporation of jagged
edges or notches (design and/or manufacturing).ch Soitiation sites cause local
discontinuities (in the case of corrosion pittirg)d/or geometric aberrations, where
sudden changes in the structural load path promstoéss risers. Quantified geometric
aberrations are termed stress concentration fa@odsderiving values for such factors is
imperative to structural integrity of an aircrad.] Some of the most infamous examples
discussed in this chapter include events of ComdinAs (Section 1.2.1) and Aloha

Airlines (Section 1.2.2).

1.2 Aircraft Incidents

1.2.1 Comet Airlines

The de Havilland Comet was the world’s first magger aircraft employing the
use of jet engines. The consumptions of fuel yathengines was greater than a piston
type engine, therefore to increase efficiency, @mmet travelled to higher altitudes
compared to its competition [6]. Higher altitudegose aircraft to lower environmental
temperatures (Figure 1.2) and lower air pressurBlsus, the total differential pressure of
the cabin to the outside environment was highagcip more stress on the fuselage.
The normal, operational cabin pressurization of @mmet was less than the rated
ultimate pressure. However each flight was ‘cyclbere the fuselage would expand and
contract, and hence each flight induced damagewbatd accumulate. Hindsight and

test data has shown that the interaction betweemivkt holes in the window area, and

3



the elevated altitudes created a perfect stornatsitu that would cause failure due to
fatigue (Figure 1.3 illustrates location of cracks founash @ Comet Aircraft).

Unfortunately, this was established by the failoféhree Comet jets within one year.

En Route

Departure Descent

Takeoff Approach

Preflight Landing

130 —
120 —

Takeoff
M= 0.9
110 %‘1 = 1.5, Hp - ! Landin
p = 45k ft g
Hp = 45k ft et e
| Hp = 45k
|

100 M = 0.5,
Hp = I15k ft

a0

Ba:
temperature, 80
=F

7o
60
50

40

30
0

Time after takeoff, min

Figure 1.2 Bay temperatures of a fighter jet [7]

crack along top center line of fuselage

front fuselage separated at front spar
attachments in downward direction

rear fuselage
and tail unit
separated at
rear spar

failure probably downwards
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g wing failure
main failure g

between ribs
12and 13

. frame 26
peeling off failure
frame 13a frame 18

secondary cracking by bending
of eenter portion over outer portion

direction of propagation |

of main cracks

________ -

- e e _ - _ B _=_
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in skin at this corner sccondary I
failure 1
forward % reinforcing |
plates |
|
§' |
1
_______ 4
peeling off failures =
Lad

skin pulled over rivets on window frame peeling off failures

Figure 1.3 Location of cracks found in Comet aircaft [6]

4



Further details of fastener geometry and stressardmation factors will be discussed

Sections 1.3.1.1 and 2.1.1, respectively.

1.2.2 Aloha Airlines

In 1988, nearly thirty five years after the Condetlines incidents, one of the
most infamoudatiguerelated incidents occurred during Aloha Airlindgkt 243, where
the mid-span of skin from Boeing 737-200 separ#ieah the fuselage. A root cause of
the failure wadatigue cracks that emanated longitudinally from multipiees of several
rivet holes [8]. This underlined the necessityctmtinue awareness of the potential

danger of failure due timtigueand accumulated damage in aerospace.

Figure 1.4 Fatigue of skin fuselage on Aloha Fligh?43 [8]

1.3 Items that exacerbatefatigue life

1.3.1 Manufacturing Considerations

The main theme of both Aloha Airlines and Comatlides events is that

geometric changes in the assembled parts greathrilooted to fatigue failures.



Geometric changes, such as drilling a hole for l§ bdroduce a stress concentration to
the assembly. The process of drilling itself catnaduce flaws at the surface or through
the depth of the part, where such flaws can graw anacks that can be catastrophic.
Therefore, manufacturing techniques and qualitytrobrare essential to prevent crack
initiation, where fabrication and assembly of comgats for high performance
applications are critical. Missteps in such teghes were demonstrated with incidents
involving mid-twentieth century supersonic aircrafThe F-111 program made use of
high strength D6AC steel; however, reliability betprogram was intensely investigated
after a unit crashed on 1969 following the failwfea wing pivot fitting [9]. It was
revealed during the investigation that initial flagizes below 0.5mm [10] were
introduced through manufacturing techniques [1%lich manufacturing lessons learned
were applied to future aircraft, such as the GrumrRal4 [12]. The F-111 incident
supports the impetus for further research in martufang and crack growth propagation.
This would be applicable to a variety of differéastening applications, ranging from a
generic corner crack of a fastener hole [13] [D4atspecified cold working holes [15].
In addition, the proper use of material selectiayuld mitigate crack growth in aircraft
structure. Thus, a discussion is warranted ofgéeeral fastening/joining techniques

used throughout the industry as well as proper mahtelection.

1.3.1.1 Fastening Components
Fastening large assemblies efficiently and reliablg manufacturing challenge. There
are no ‘one-size-fits-all’ solutions when matingngdex assemblies together. For

purposes of this text, the term of ‘fasteners’ sediin the broad sense to describe any



type of medium use to mate different parts; thisuldanclude rivets, welds, bolts, glue
adhesives, etc.

Some items require different types of fasteninghoés$ due to:

» Galvanic activity between fastening medium and ipaneaterial
» Galvanic activity between fasteners and environment

» Physical access to assembly location

* Cost

* Time allotted to fastening

The two types of fasteners, joints, are separable and permanent joints [16]. Separabl
joints include a nut and bolt arrangement, andntg rings. Such joints are preferred if
the assembly will need to be removed in the futsueh as overhauling a landing gear
during its inspection interval.

Advantages for such joints include:

 Ease of maintenance for modification/removals efaflations
» Vast amount of technical specifications available

* Primary mechanisms for loading afadiguewell known and documented

However, some disadvantages include:

* Use in joints with complex geometries is limitededo tool space restriction
» Additional weight to system — critical especialty performance oriented systems
such as airplanes and missiles

» Costly to modify/alter especially for low-output



Permanent mechanical joints include riveted anddecklareas [16]. Rivets are small
pieces of metal that deform under compressive daads when placed into the parent

material’s shank. Advantages of rivets include]{17

* Low cost

» Fast automatic or repetitive assembly

» Usable for joints of unlike materials such as netald plastics
* Wide range of rivet shapes and materials

» Large selection of riveting methods, tools, and Inraes

* Final geometry of rivets have been well establistiegure 1.5) [18].

Manufactured head

| s

e et driven head or | .
/ closing head Iy

hefore riviting

B
Figure 1.5 Countersunk and protruding head rivet gemetries [18]

To counteract the stress concentration left byjoieng process, other types of
fasteners have been researched to extend thériteof components. One example is of
cold expanding fasteners, which exploit compressagdual stresses near an insertion
hole by means of lowering peak tensile stressesgrapplying additional closure force,

inhibiting crack growth [19].



The other main type of permanent joining is throwgdlding, which thermally fuses

different metals. The main advantages of weldireg a

* Fusion of parts with geometries considered diffiéoif riveting and separable
joints are now possible
» Use of robotics has enabled welding to be usedsitely on mass produced

goods such as automobiles, in turn reducing thd fa@eoperational specialists

Some disadvantages to welding include [20] [21]:

High equipment cost

High demands in terms of surface cleanliness aedigion, as well as welding

atmosphere

Considerable time requirements for executing tive,jexceeding by far the
requirements of most other processes
* Increased capital costs with increasing componert because a welding

chamber becomes necessary

Verification of proper joint execution by nondestiive testing is significantly
impaired, in many cases

One point of concern with weldments is with theah affected zone (HAZ)
created during the welding process, a major consi@ce it introduces unwanted residual
stresses. It is arduous to determine the phygjeametry of the HAZ, since several
parameters affect the quality of the weld, anddfoge the reliability of consistent weld
geometry. Figure 1.6 depicts input geometric patens of a butt-weld joint that

attempts to model residual stress through finigeneint modeling [22].



LT 180-8
— | —s
s & t 2mm » X —s
— —
‘- l ® —
l[‘ 100 mm =]]
Specimen
r{;ﬁmb; 6 (degree) r(mm) t (mm) ¢ (degree)
A-1 0
A-2 20
A-3 40 0 15.8 90
A-4 60
B-1 0.8
B-2 60 1.2 15.8 90
B-3 25
C'l 10
C-2 15.8
c-3 60 1.2 20 90
C-5 32
D-1 45
D-2 A 60
2
D-3 20 0 15.8 75
D-4 90

Figure 1.6 Geometric parameters that affecfatigue strength

Residual stresses introduced to the base matemeaktll be treated as a summation of
much smaller discrete stresses, as was studiedvaitlble polarity plasma arc welding
[23]. One of the significant weaknesses of alnpanent joining methods is in
understanding their mechanismsfatigug specifically because of the involvement of
non-elastic deformation of the joining material.

In summary separable or permanent joints willngjeathe local stresses of a
component either due to geometric changes rediséabthe load path or by inducing
pre-loads into the parent material. Dependinghendpplication, these preloads may be
useful (such as compressive residual stresses)wevtr forming the parent material
itself can induce unwanted stress concentrationgtleer types of defects, as will be

discussed in the next section.
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1.3.1.2 Material Forming
Variation of several parameters can have a hifgeteon the life of a system,
ranging from material processes to flight condiioand loads. A compilation of

variability from various sources [3] [24] [25] [2R7] are summarized in Table 1.1.

Table 1.1 Manufacturing parameters affectingfatigue

. Heat . Rolled/Extruded . .
Machining Treatments Forming Products Casting Composites Weldments
Surface Temper_ature COld . Grain Issue Shrinkage Disbonding Porosity|
roughness Variation straightening
Dimensional Surface . Ply Thickness
variation Warpage Burrs Roughness Porosity Variability Warpage
Machined Embrittlement Residual Dimension Slag/Dross Silicone Inclusions
Holes Stress Variation Formation | contamination
Grinding Pouring
Burns Temperature Arc damage
Lack of
fusion
Residual
stress

When choosing the parent material, one must uratedsthe process it was created to
avoid misuse. For example, it is the author's egpee that casting products are
somewhat cheaper to purchase and shape as neeated florged part. However, in
terms of fatigue resistance, forgings generally are superior dught® compressive
stresses gained during the manufacturing procdsi$e wastings are more susceptible to

inclusions due to porosity.

1.3.2 Environmental Effects

As mentioned before, one of the critical compasehat contribute tdatigue
failures is the component's exposed environmetiie dmbient air where a passenger jet
travels through may also contribute to crack prapag. Henaff provided test analysis

that shows high strength, low alloy steel is susbepto accelerated crack growth where

11



adsorption of water vapor reduces the energy reduio create a crack, as well as
subsequent hydrogen embrittlement [28]. As Figuré depicts, ambient air will

accelerate da/dn (known as crack growth rate) rinzne vacuum.

107 |

JONCDI16

."_ |
1 4 O wacuum
® ambient air

=
o
E l“.u A -" DQ |
% .ll' G{'}G
oo
D
0" 4 f O 1
O
't i
2 4 6 £ 10

AK_(MPa.m"™)
Figure 1.7 Steel crack propagation effect from vanus environments [29]

Corrosive environments are what every aircraft neeendure during their lifetime,
regardless if the aircraft is designed for the Navycommercial aviation. Figure 1.8

depicts the case where sump water is exposed t6- 74851 aluminum, and decreases

the crack growth life by nearly a factor of three.
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The type of material and local geometry are crittoaa component’datigue life, and

greatly affect the probability datiguefailure, i.e. risk.

1.4 Whatis Risk?

Risk and reliability analysis quantifies the putal failure occurring event. The
impetus of reliability analysis is to predict a qooment’s life cycle by minimizing
collateral damage. Risk analysis is based on thbability of a system failing under a
specified loading condition. Throughout this tsegirobability of system failure will be
referred as Probability of Failure (POF).

Up to this point, the reader has been exposeal gmgle definition of fatigue
failure, which is the failure of a component duedpeat loading. As was mentioned in
Section 1.1, the actual failure mechanism diffeepahding if one analyses a virgin
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material with no defects, or one with an assumad.fl From this point forward, we shall

divide the study ofatigueinto ‘Fatigue’ and ‘Damage Tolerance'.

1.4.1 Fatigue Failure

The definition of failure in the viewpoint of Fgiie is: “...a process which
causes premature failure or damage of a componbjected to repeated loading” [31].
This thesis shall consider the statement that wdneéorack’ is detected, the Fatigue
philosophy considers this a failure. For mechdnamnmponent such as a hydraulic
accumulator, a failed unit is when seepage of flexdeeds a certain amount per its
respective design specification [32]. This perfante baseline would not distinguish
between small or large cracks, thus any crackatiitn is the basis for a ‘Fatigue’ failure.
However, there are instances where a structureahasck, but can still perform its
general function. Nevertheless based on the pedoce guidelines of the structure
having no crack, the unit has failed. Therefol#noaigh the aforementioned accumulator
may still perform its general function even beyahe seepage allowance, it is still

considered a failure in terms of Fatigue.

1.4.2 Damage Tolerant Failure

An engineer may define acceptable structuralgnitie so long as no parts or
pieces dislodge from an assembly. This would abosvack to grow up to a critical point
before the structure can no longer support a lodad thve given damage. Therefore, the
Damage Tolerant philosophy assumes that the steuctan support loading with an
initial flaw, and let the flaw grow (in the form @ crack), which is the basis for a

‘Damage Tolerant’ (also interchangeable with Dam&glerance) failure.
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1.5 Research Questions

The author has provided a background that dissuparameters effecting risk
analysis related to fatigue structural integritpydahe differences between a Damage
Tolerant and Fatigue failure. Therefore, this lmexskthe following research questions.

Research Question #1

What is the systematic approach in determiningab&lility of Failure for Fatigue and

Damage Tolerance in metallic aerospace structures?
Hypothesis

Fatigue assumes the Probability of Failure is itheerse of Fatigue Life in a
component. Damage Tolerance assumes Probabiliaitdre is integration of loading
conditions and material strength properties.

The first step to any Probability of Failure (PQissociated starts with a static
analysis to understand how the load is transmitedgh the structure. This includes
understanding the component geometry, environmentaditions and knowing the load
itself, which remains the same regardless if oredyaes failure for Fatigue or Damage
Tolerance. The localized geometry around a speciirea will differ between Fatigue
and Damage Tolerance, since the former assumeas w@erial while the latter assumes
an initial flaw.

Through structural analysis, the Fatigue failis@etermined by the number of
cycles is can endure before a crack is found. mbeent it is found, it is considered a
failure. Therefore, the associated POF is thersev®f the Fatigue Failure Life of a
component, or the ratio of the single time cycldéadlfire to the total number of cycles the

component has endured (explained in detail in Sea)ji
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Damage Tolerance, however, assumes that thareastain aberration within the
structure, yet it can still sustain load for a @@tount of time. As the damage propagates
through the structure as a crack, the risk asstiaith a failure also grows. The POF
associated with Damage Tolerance criterion is haamyncycles can a material reach a
critical crack size before it cannot take any fartthoad. One key component is in
Damage Tolerance is that a crack can suddenlyeretelin the crack growth rate (fast
crack growth), which intrinsically increases theBability of Failure.

Research Question #2

How can one determine a predictable range of rasgled on crack growth propagation for

a metallic aerospace structure supporting a mechbsystem?
Hypothesis

Risk is associated with the Probability of Falusf a certain component or
system. The Risk of an associated crack growinglavancrease as the crack grows
throughout time, and would reflect the three genexages of crack growth in metals:
slow growth regime, Linear growth regime (referrasl Paris area), and fast growth
regime. Aircraft structures that support mechdngstems need to endure internal
loading from the mechanical system itself and ewktoads from aircraft maneuvers.
Therefore, the POF associated would account for tfterent types of loading
conditions.

A predictable range of risk would be within aigegthat would have a constant or
linear increase of risk, and avoid the fast andvstwack growth regions. Therefore,

predictable risk would be in the realm of a cotiediaParis region of crack growth.
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Research Question #3

Are there tools that can provide mitigation to taeount of risk in a logical and

economic fashion to the aforementioned aerospacetgte?
Hypothesis

The main tools for mitigation are the Probabildf Detection (POD) and the
Inspection Period. The POD provides the chancefinding a certain sized crack
depending on the instrumentation and materialsiosigects. The Inspection Period is
the optimal range of time when to find a crack lbase the POD.

Mitigation for crack growth falls under the inggtien period, derived by the
Probability of Detection (POD) of finding a cragka structure. Early inspections would
waste labor, while late inspections would increthsgechance of failure, especially if the
crack is within the fast growth regime. Accountiftg a POD within this framework
would give the engineer a holistic view of the entstructure: risk associated from
inception to the end of the component life cycled aa recommended range for

controlling risk that accounts for finding crackerag the components life.

1.6 Thesis Organization

The reader has been introduced to manufacturspgcts and their effect on
fatigue life. To answer the research questions, iradepth explanation in the
preliminaries of Fatigue and Damage Tolerancedsired. Section 2 “Fatigue, Damage
Tolerance, Risk Analysis” discusses these prelimesa Section 3 “Risk Analysis
Framework” presents the main thesis framework oficating a Damage Tolerance Risk

Assessment, and compares and contrasts otheralesdanethods.
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Two examples will be examined and how they bathtitbute to a risk analysis
using fatigue. Section 4 “Hydraulic AccumulatorSsas the approach of Fatigue Stress
Life to determine the life of a hydraulic accumolaundergoing variable amplitude
loading. The risk analysis method comes from faek analysis. The primary purpose
of this example is to provide the reader with aegehtechnical background of a
component that may be found in service on an diraia well as the load methodology
and how stresses are translated into failure rates.

Section 5 “Engine Nacelle” uses the Damage TaaRisk Assessment method
to determine the structural integrity of a compdnimat has a crack introduced by an
arbitrary manufacturing method. The nacelle undesglocalized constant amplitude
loading due to engine noise, and undergoes enveatah loading from aircraft
maneuvers. The risk analysis intersects the pibtyadistribution function of the two
loading conditions, and intersects the results vaithinspection method to determine
when the most suitable time to inspect is.

Section 6 sums the work and research conducted¢c@ntributions by Sections 3

and 5, as well as limitations and potential arddatare research.
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2 Fatigue, Damage Tolerance, Risk Analysis

2.1 Fatigue
Fatigue is the failure of a component due to reggeliading. The three general factors

that affect the fatigue life of a component are:

- Material
- Loading Type

- Number of exposed cycles

2.1.1 Loading

As was mentioned in Section 1.1, fatigue is dyedtpendent on the type of
applied cyclic loading (or cyclic stress), whereyale is defined as the ratio (R) of

minimum to maximum stress as defined by Equatidn 2.

Omin

R = Equation 2.1

Um ax

The load ratio can be either negative or positvieh the ranges shown by Table 2.1.

Table 2.1 Visual representation of stress ratios
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Time
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1>R>0: Tension-Tension

-1<R<0: Tension-Compression

Stress

R>0: Compression-Compression
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The load ratio can be constant (as in the rotadfom jet engine during cruise), or it may
vary (such as variable gust loads during ascergfitefor an aircraft). The sequence of
the loading can have a profound effect on the difea component, especially when

compressive residual stresses are introduced;nheyently prolong the component life.
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Figure 2.1 Load Spectrum for 7075-T6 sheet, &= 4 [33]

Fatigue can be divided into two separate life comali High Cycle Fatigue (HCF) and
Low Cycle Fatigue (LCF), also referred to as Stiesand Strain Life, respectively.

Figure 2.2 depicts graphically depicts the defomtof HCF and LCF of a component.
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Figure 2.2 Separation of High Cycle and Low Cycle &igue

Sections 1.2 and 1.2.2 discussed the fatiguaréaf aircraft due to high stress
areas around a hole, referred to as a stress doawenm factor (SCF). SCFs are
primarily functions of geometry, where holes or rghangles in component can
contribute to larger stresses and hence shortgguéatlives. Various texts such as
Peterson’s [34] and Roark [35] are compendiums useddustry to determine stress
concentration values for various geometries. Fg213 is one such example, which

presents the SCF for a plate undergoing tensigaraius locations throughout the plate.
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Figure 2.3 Net and gross SCF for tension loaded pawith hole [34]

Manufacturing methods, such as cutting threadsalBng threads, can exacerbate the

SCF, since the root geometry of the thread hasttarbigansition from peak to valléy

Stress severity factors (SSF) are used to deterthmeatresses on parent materials and

L In addition, compressive residual stresses frdtimgocan aid in extending fatigue life.
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loaded fasteners. The SSF accounts for geométadsres as does the SCF, however it
also accounts for the material type used in a joifdr purposes of this thesis, the SCF

will be dealt with exclusively.

2.1.2 Stress Life (High Cycle Fatigue)

Stress life assumes a component undergoes wargtless levels relative to the
yield strength of its parent material. The intémmachanism for high cycle fatigue are
slip bands or material voids, which do not affdw btverall static stress-strain data, but
yield on a microscopic scale nevertheless. Suigttsfbecome more pronounced during
several thousand cycles of loading, and presemisbkres are the root cause to failure.
However, as the number of cycles increase to faitlue to HCF, the scatter in data also
increases (Figure 2.2), mainly because the vaoétthese voids can be very different

depending on each material specimen.

2.1.3 Strain Life (Low Cycle Fatigue)

Strain Life assumes plastic deformation occumngucycling of parts. This is
mainly true when high stress areas are presentrd=igl2, such as with geometric

notches. Low cycle fatigue is sometimes accepsedcaurring less than 50,000 cycles

3].

2.1.4 Differences between Strain and Stress Life

The strain life equation (Equation 2.2) accountsHiastic and Plastic deformation.

Ae  Agy  Aep Aoy b,
777t T M) )"

Equation 2.2
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By superimposing the Elastic and Plastic componehtiatigue (Figure 2.4), one can
visually see the plastic dominant (bold red linedl &lastic dominant (bold dashed black

line) at a given strain amplitude.
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Figure 2.4 Strain S-N Curve for welded structural $eel and parent material [36]

Depending on the analyst, high cycle fatigue csart either when plastic
dominant zone transitions to the elastic dominantwhen the plastic dominated line is
extending to the x-axis. For the case shown inifei@.4, high cycle fatigue occurs at the
transition point occurs of ~7 X ¥@ycles, or at the extension of the plastic domitiae
at ~5 X 16 cycles.

In industry, Stress Life has been shown usefulskveral applications, such as
machines undergoing constant amplitude loading,iarespecially useful thanks to the
amount of data available for higher cycle fatigudowever, Stress Life does not lend

itself to sequence loading effects that can caudastip deformation during cycling.
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However, Strain Life does model plastic deformaticand is more suited for more
complex notch geometries than the stress concemtrdactors from Stress Life.
However, this adds to the complexity to the modgliparameters. Perhaps most
importantly is that Strain life accounts mainly fartiation, and has not shown as good
modeling higher cycle fatigue compared to Streés [3].

Due to the nature of high cycles used in the e industry, it is the author’s
opinion that Stress Life Fatigue is better suitedrhodeling component life than Strain
Life Fatigue. However, once a failure or ‘craclccars, Stress Life Fatigue does not
account for the structural integrity of a componemhich is what the Crack Growth

Fatigue philosophy is used for.

2.2 Crack Growth

As with the fatigue damage philosophy, crack dhowssumes failure of a
component due to repeated cycles. However, urfeltigue which assumes virgin
material, crack growth assumes an initial flaw tisaintroduced through processing of
the either the base material for the componenthmugh a manufacturing process of
assembling components themselves. Parameteraréhetput into a typical crack growth
program include specimen geometry, loading typeyngric factors and material
database of known crack growth rates for materidis.addition, the means of how
materials are subjected to loading change ther&aitiodes of a component. Different

modes of failure are shown on Figure 2.5 [37].
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Figure 2.5 Different modes of failure considered focrack growth

2.2.1 Stress Intensity Factors

The stress intensity factor is the intensityhaf track tip stress distribution due to
geometry ), crack length (a) and the remote loading stre$s[38] as defined by

Equation 2.3.

K = fovma Equation 2.3

2.2.2 Residual Strength

The residual strength (units of pressure) of mmanent is the strength it can
endure with a certain sized crack length. Rearmangquation 2.3, the residual strength
is defined by Equation 2.4.

K
(0} =
RS gyma

Equation 2.4
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As the crack length grows through the componéetresidual strength decreases,
however one of the fundamental functions of crackuh is to ensure structural integrity
of the component even as the crack is growingurei@.6 illustrates this example, where

the component with a growing crack must at leasttritee life limit designed.
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Figure 2.6 Interrelationship between Residual Stregth and Crack Growth [39]

One of the studies in this paper examines crackip propagation in a conical
structure, which its geometry itself can create plaxities since the crack would tend to
follow the path of curvature [40] and may be coestdl a multiaxial loading condition.
Stress intensity factors follow superposition piphes, and can be additive for multiaxial
loading [41] [42]. For multi-axial loading locatipespecially seen in complex geometry,
a total stress intensity factor can be combinethfseveral simpler configurations, and is

defined by Equation 2.5 [31].
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N,

Kior = Ko + Z(Kn —Kp)|+ K.  Equation 2.5

n=1

Up to this, point linear elastic fracture mecleanhas been discussed, however,
there are methods of a damage tolerance assesbasatt on plasticity. Such methods
have found use concerning high toughness matearalsthose with thin cross sections,
since plane stress is larger with thinner materiglscounting for fracture toughness in

such cases has introduced several different metimodsalyzing respective cases Table

2.2 [43].
Table 2.2 Several methods accounting plastic fracte [43]

Methods Major Strong Points Major Weak Points
Measurements can be made easily and accura eMEtT]Od _completely depends on linear elastic fractur|

Kx Curve echanics _
Method can cope with stable growth ;;(\e/alues may depend on geometry and initial crack
Measurement has appealing physical Interpretation and application made with linear
interpretation elasticity

CTOD Experiments exist to show critical CTOD to be

geometry independent below and above general Measurement can be difficult to make
yield
Offers a well-defined straightforward Theory tests on assumption of deformation plagticit
computational procedure (non-linear elasticity) which precludes unloading

J Integral

Experimental evidence exists to indicate that J | Méthod cannot be applied to stable growth
may be a material property

Method cannot be applied to general yield

Can take direct account of micromechanical
processes involved in plastic crack propagation

Separates geometry dependent effects from
material dependencies

Generalized energy.
release rate

Requires finite element analysis procedure for
application and interpretation of experiments

Applicable for arbitrary constitutive behavior

Simplicity of application
Net Section Stress — Grossly unconservative in the creep range
Accuracy at low temperature application
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2.2.3 Crack Growth Modeling

In 1963, Paul Paris formed an equation that woektdbe crack growth rates in metals

(Equation 2.6).

da
— = C(AK)™ Equation 2.6
dn
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Figure 2.7 Different regions for crack growth ratein metals [44]

Because C and materiaare material constants, the cycles to failurelmnalculated from

Equation 2.6 and rearranged, shown with Equatidn 2.

ar da
Nf - -];l C(AK)mmaterial Equation 2.7

Unlike static and fatigue-based analyses, crackvilirdieavily relies on iterative steps.

This is primarily due to the reliance of Beta fastthat change per iteration. Beta factors
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can range in terms of complexity, especially whae examines out of plane loading or
multiaxial fatigue. Although there are severalcadick growth models available, multi-
axial loading and re-evaluation of the stress isitgrfactor due to new crack size at next
loading can be extremely cumbersome, even withefigiement modeling [45].
Engineering judgment on when and how to applypgraper SIF is underlined
especially with multi-axial loading, and where Bé&ators can be difficult to calculate.
Testing and analysis can relate the SIF and Betarfg but are cumbersome; such an
example would be of a component undergoing torsistmasses. A plethora of journals
exist that examine torsional stresses and how takye to cracks of circular volumes
such as shafts [46], small cylinders [47], largknclyical fuselages [48] as well as cracks
on cylinders undergoing local bending affects [4Bgretta and Murakami estimated SIF
under tension and torsion for small cracks origimgatfrom notches, which aided in
fatigue strength under biaxial loading [50]. Dodemonstrated with a plate containing
a hole, that as the specimen thickness decreasiesioss tend to diverge [51]. The
situation becomes far more complex when analyzipiate undergoing torsion (or any
component that under undergoes out-of-plane mudtigiatigue). The Newman-Raju
equations [52] have proposed solutions for SIF Beta factors, and have been used in
computer-aided programs such as AFGROW. As wasdnat[53], one study found that
cracks created in laboratory condition would natiate in certain analysis, further

underlining the value of experimentation outweighalysis.

2.2.4 Numerical Tools

Crack growth is heavily dependent on each newkdtaration that brings about a

new geometric factor and residual stress, and fibrereequires the use of computer
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software. This section briefly presents the gdnleaakground of how a crack growth
code works. Although the content is what is usedommercial software, credit for
Figure 2.8 is taken from Dr. William Johnson’s leet of fatigue at Georgia Tech. A
crack growth program requires a database of mateniangths, crack growth rates,
geometric (Beta) factors, and crack closure modédlke loop shown in Figure 2.8 is
iterated for a surface crack; if there is alsoackithrough the depth of the component, an

additional loop is needed.

Initial Flaw Size ~ Beta Factor
(&) Database

Load Spectrum > CalculateAk  |&€

_ Retardation and
~ closure models

V

Database of crack growth da/dN for
rate of different materials at specimen
different load ratios analyzed

Vv

avs.N

Figure 2.8 Crack growth iterative process [3]

2.3 Risk Analysis

2.3.1 Probability of Failure

The outcome of Fatigue or Damage Tolerance isak metric that defines when

the component is assumed to lose structural iritegrhich is usually a cycles to failure
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or crack length to failure. However, regardlesshef time when loading starts, there is
inherently risk associated to failure. A robuskranalysis should include all the loading,
materials used, but especially the variability asged with each parameter. The
Probability of Failure is defined as the area untlerintersection of a flight design case
and the residual strength of a component at a givack length. When the stresses due
to flight conditions exceed the material strengtla gart at a given crack length, failure
occurs. The residual strength curve shownFigure 2.9 is based on the material
variability based on a statistical distribution.

Flight Design Case

Residual Strength Curve ogs
(a, Ke)

Probability

1X10°

Strength

Interference = Probability of Failure

Figure 2.9 Probability of Failure due to crack growth and flight load
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2.3.2 Inspection Methodology

Long component life requires routine maintenaace service. Ensuring service
and rehabilitation throughout the service life &y mechanical components is required.
During these service, or ‘inspection’ periods, tdehnician is required to inspect for any
accumulated damage on critical components. Focdle of aircraft structure in terms of
damage tolerance, the technician would inspect d@acks. However inspection
themselves have a certain amount of risk associateterms of detecting flaws.
Therefore, a holistic method would include accaumtifor these risks associated.
Inspections are critical to damage tolerance, stheee are cases where cracks grow
faster or appear unexpectedly in different location

In reality, a program would constantly need tspect for cracks for the duration
of the fleet program, as there will be cracks ia tlucleation phase that have yet to grow
to a size that the inspection equipment can detétiwever, each time an inspection
occurs, the associated risk decreases thanks teased knowledge of the component

[54].

2.3.3 EIFS Distribution

The Equivalent Initial Flaw Size (EIFS) distribrt describes what was the
theoretical start size at time = zero for the aurrerack, and potentially what is the
estimated range of time to reach the critical clacigth (Figure 2.10). The information
is valuable since it describes an initial flaw'se thincubation time’, and it can be

indicative of the material and manufacturing quatit the component.
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Figure 2.10 Equivalent Initial Flaw Size [55]

Service data provides valuable information to history of how cracks grew to
their present state. Certain scenarios, sucheaqgbing flaw sizes in aluminum castings,
cannot predict initial flaw sizes unless in servilz#a is available [56]. Lognormal and
Weibull distributions have been used to descritee EfFS distributions in many cases
[57]. Han and Yang [58] performed a probabilistiesessment for high temperature
nuclear reactors using an exceedance probabildystness-strength model to determine
POF. Crawford et. Al. [59] reported the efficienoy using an EIFS distribution
accounting for corrosion and pitting in 7000 seasninum using dog-bone samples for
testing. Yang et. Al. [60] also analyzed dog-bat#®0 series aluminum samples to
compare deterministic and stochastic crack growpipr@aches through an EIFS

distribution.
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Case Study: Lockheed C-130

The Lockheed C-130 developed corrosion crackhenarea of the crown upper
skin and contour boxes, where cracks were emanétng rivet holes [61]. The load
interaction internal to the components were stiknown at the time [62], however there
was ample service and inspection data availablerigineers to understand the rate the
cracks were growing, and to provide a more robaspection interval and design fix.
These fixes would include changing the componentrggry and material types (Figure

2.11). The methodology used was essentially thah&IFS distribution.

Fixes: Access panels
became oval; paded
edges; overaged the
7075-T6 to 7075-T73

Figure 2.11 Cracking locations and fixes to C-130 @rosion Cracks [55]
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3 Risk Analysis Framework

3.1 Necessity of Framework

A systematic approach in designing a holisticl ttmat examines design,
manufacturing, and the customer’s needs, providésoad overview of the product
lifecycle. The tool's goal would be determiningthkelihood of a failure, and how to
mitigate failure economically. The research questifrom Section 1.5 are re-introduced

and summarized below.

3.1.1 Research Question #1: Systematic approach defmswstem’s POF

The first step in designing this holistic tool gsantifying what will cause the
component to fail. Failure of the component degerah the materials used,
manufacturing processes utilized and loads impadedit. Fatigue methodology
assumes failure occurs during crack detection, kiewehis does not necessarily mean
the structure is completely inoperable. Thus,sallictures have a certain amount of
strength even with a crack that is growing; howetteere is critical crack size that will
determine the failure of the component. The stmattanalysis method used for such a
holistic tool is Damage Tolerance method, becausdike fatigue analysis, which
assumes any crack size is a failure, Damage Talermds itself to measure the degree
of structural integrity with a crack.

It is surmised that as the crack grows, the corapts strength decreases, which
intrinsically affects the Probability of Failurdn essence, because it is assumed a crack
exists, there is always a Probability of Failuegardless of crack size. Failure can occur

with small cracks if high loading conditions andponaterial strength properties existed.
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Therefore, the holistic tool would need to acco@mt such loading and material
variability.  Understanding how the crack would pagate can be essential in

understanding how the POF changes.

3.1.2 Research Question #2: Determination of Range sfe®ys Risk

The associated risk of failure for a componemt ba correlated to how a crack
grows in the part itself. With this, an enginean @redict failure times based on a crack
growth model. This provides guidance in scheduliagnponent inspection intervals
removing them from service as needed. This infdmmavould be the starting point for
a maintenance program that would potentially extdral life of the component, and

mitigate any risk of failure.

3.1.3 Research Question #3: Risk Mitigation

The third and final step in determining a hotigtiol is mitigation of failure. It is
assumed that cracks are introduced into a part ftemanufacturing inception, yet also
assumed those parts do not fail immediately. These a component has a certain
amount of residual strength and not structurallfictent even during crack growth.
However, deficiency is met when the critical crdekgth has been reached and the
component has failed. Finding those cracks betfoeg reach the critical crack length
with certain confidence is the mitigation proces$he limiting factor of mitigation
efficacy would be the quality of failure data frdhre previous steps, and the bounds of
the actual detection methods used (resolution afpesent, type of material inspected,

etc.).
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3.2 Proposed Framework

Determining the risk of failure in a productionngponent requires

* Realization of imparted loads (static and fatignalgses)

» Material strength variability

Providing a visual aid in determining the risk@sated with crack growth would
be advantageous to any fleet manager, especiathydiag fast crack growth areas
(Figure 2.7) but to avoid unnecessary costs ofaaspn and part replacement at slow
crack growth. This aid should also be indicatifehow the crack itself propagates
through the component, as this would give a batiteilerstanding of what are the
optimum inspection intervals.

When a crack propagates in a component, thelaoyatan be made that risk of
failure inherently increases. However, the miiigatof risk is associated by finding
crack, thus as the crack grows, the probabilitdetection grows as well. Therefore the

two main items researched for the proposed methad a

* Probability associated with Failure (POF)

* Probability associated with Detecting flaws (POD)

The amalgamation of the aforementioned itemsl@ldemonstrated in one chart,
which itself the mainstay of the proposed Damagkerance Risk Assessment (DTRA)

(Figure 3.1).
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POD

Probability of Failure

Conservative Optimal High Risk

1050

Time

Figure 3.1 Proposed DTRA combining Probabilities ofailure and Detection

The DTRA provides an overview of the risk assodabé crack propagation, and the
recommended area for inspection, allowing the flegterform in a safe, satisfactory and
economic manner. If a fleet manager or engineedsi@o provide a range of potential
inspection periods, understanding how the craclpggates through the component is
essential. The ‘Conservative’ inspection rangermies waste of labor and monies, and
has the potential of not finding crack sizes duth&resolution of the inspection method.
The ‘High Risk’ inspection periods are clearly umted since this risk is correlated with
the fast crack growth regime. Thus, the desiregantion region inherently would have
predictable crack growth, regarded as the ‘Optintatjion, which includes a high
probability of crack detection. One of the coread of the DTRA is to identify a linear
and consistent amount of risk in a component. hesdrack approaches the fast growth

area, the slope of crack growth, and thus risk| indrease as well. Therefore, the
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transition from ‘Optimal’ to ‘High Risk’ regions idependent upon how the slope of the
Probability of Failure increases.

On the opposite side of the ‘Optimal’ region ikere the ‘Conservative’ region
transitions, which is dependent upon the generaimim acceptable risk defined by a
governing body and the Probability of Detectiorthad crack. The governing body in this
case is the FAA, where ¥Qs the minimum acceptable rate of risk [63]. RegX is the
tolerance of the POD, starting from the minimuml6f to a given maximum (selected
by the engineer).

Deciding upon the tolerance of inspection for Ragk includes factors such as
the criticality of the system for safe performanaecessibility of personnel to the system
and potential coordination of other inspection ayeso not to inconvenience the
customer. For example, the desired period foraogspn of a landing gear can coincide
with the inspection of the hydraulic system thatvies it power.

The proposed framework uses many of the same quoee for the EIFS
distribution; however, for sake of simplicity, issumes a nominal crack length opposed
to a distribution of initial flaw sizes. The framerk attempts to establish a correlation
between the crack growth of the component anditheassociated. The ‘Paris’ region
describes predictable, general crack growth rat#sout using complex plastic zone
modeling and avoids fast crack growth area thatb@eaanstable (Figure 2.7). One of the
outcomes of this thesis is to determine the saglatively predictable areas concerning
risk analysis that the ‘Paris’ region is to crackwgth modeling. This allows an engineer
at the early stages of design or a program martagelentify succinctly the inspection

criteria that would be need to ensure a safe fleet.
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Figure 3.2 presents the overall flow of the pchee of the Damage Tolerance
Risk Assessment (DTRA). The initial flaw size igdeterministic parameter fed in to the
AFGROW crack growth software. After which, the @m stress (local loading) is
applied based on static analysis, where the irgt@atk is grown to failure (critical crack
length). This procedure is similar to the aforetieared crack growth models used with
an EIFS distribution. Thereafter, a PDF of residiteengths are obtained assuming a
distribution of strengths from literature review A plot of the average residual strength
progression is examined to ensure there are nomisaities, and to refine the resolution
of the chart. If data discontinuities exist, a aAtom’ distribution can be created.
Because the inputs are deterministic, a ‘Phantastridution can be created since the

covariance is known for all the cracks (Standarsi&en/Mean), which is also constant.

| Assume Initial Flaw Size |

| Grow Flaw Until Critical Crack Length |

Obtain residual strength PDF based on
variability of fracture toughness

Yes
(mnﬂnuiﬁes? Create ‘Phantom’ Distribution

\

No

I Intersect Flight Design with Residual Strength Case |

I Plot Probability of Failures for each crack interval |

I Insert Probability of Detection for crack size |

Optimal Area determined based on DTRA,
POD and FAA minimum allowable

Figure 3.2 Flowchart for Damage Tolerance Risk Analsis (DTRA)
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As the crack grows during each iteration, thedied strength distributions are
plotted and intersected with a stress exceedanwse ¢theoretical flight design case) for
a given flight profile.

The intersections of the flight profile PDF witrach residual strength PDF
provides the Probability of Failure for the givgpmestrum. Each intersection is plotted
with a given number of cycles - this plot is stutlte determine if there are correlations
between the overall shape of the crack growth cangthe risk analysis. Wherever the
region that resembles the overall shape of theisPargime for crack growth shall be
called the ‘Optimal’ region for risk analysis. Th@ptimal’ region is where the aircraft
fleet managers can decide with predictability tyyeetof risk to take, and is supported by
the Probability of Detection for the given mateaald inspection method to be used. The
change of the inspection method (and hence the P@i2s not alter the overall
framework of the DTRA, it only changes the rangetlod ‘Optimal’ area since the

process flow remains the same, but the POD curwddssamply shift.

3.3 Current Trends

Determining the Probability of Failure due to Aigoads and residual strength of
the material has been well documented in literatespecially when considering the
EIFS distribution [58] [59] [60].

The F/A-18 wing attachment bulkheads had fatitesting and a risk analysis
performed using a probabilistic fracture approaghthite [64]. The risk analysis, based
on the uncertainty of the loading history, materfedcture toughness and initial

equivalent flaw size, included an assessment of fatigue fleet monitoring. The
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provided method is robust since it accounts fotingsdata used, and provides visual aid
using several different methods to determine th&.PBowever, one point of contention
is data that demonstrated probabilities of failtihat approach 1® have a gradual
increase, instead of a sudden jump. This jump evbelindicative that the material grew
beyond the Paris region and now approaching thed fracture region. Examining from
the viewpoint of the DTRA, a gradual increase majidate crack growth is near ‘High
Risk’ (Figure 3.1), therefore it would be an areavoid. DTRA potentially would aid a
fleet manager more since it examines all the esfwextrum of POF due to slow, Paris,
and fast crack growth regimes.

Wang [65] performed a risk analysis based orPO& of single shear and double
shear joints, accounting for respective SSFs otypeal rivet and bolted fastener. The
approach from Wang examines a procedure a striaiesagner would use; at what
crack length can one start inspections based @tegptable risk level. This approach is
very appropriate and is used throughout industoyydver depending on the application
of the structure, the engineer may want to see th@acrack grows throughout the part.
Therefore, a range of potential inspection inteswabuld better assess the satesd the
most economical means of inspection.

Grooteman [66] used a stochastic approach torrdete life of aircraft
components by using a reverse EIFS distributiorhotet This was based on a failure
distribution of similar components by using thd &nd of failure data (assumed to fit
within a Weibull distribution). The Weibull disbution has the advantage of providing
reliable statistical data for few data points, ardused extensively throughout the

aerospace industry. The initial inspection is shkaded area defined as the threshold
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probability value of 1% (Figure 3.3), which is dedent upon the type of inspection

performed.

Failure distribution

tinitial

Life—>

Figure 3.3 Selection of initial inspection time wit 1% threshold [66]

Inspection times beforenita were deemed as unfeasible due performance
tolerances of the inspection method itself. Howe@ooteman’s method makes use of
POD curves, which can be reconstructed for differ@spection types and needed
resolutions. Rummel [67] has listed several typésnon-destructive methods for
inspection of different materials. Grooteman’s moet is very precise and consistent,
however may be arduous to iterate with several tfp®aterials or inspection methods.
The DTRA method inherently indicates the type afiection method that should be used
based on the crack growth risk of the ‘Conservati@ptimal’ and ‘High Risk’ regions.
This is especially advantageous to those who haiensive experience with inspection
methodology; an inspection method can be chosen thi¢ crack growth risk assessment

is performed. For initial inspection periods, agsilar acceptable POD value (such as
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90% detection rate) can be the indicator — or aevalf indicators (Region X of Figure
3.1).
Cavallini and Lazzeri [68] provided a code namebRbilistic Investigation for

Safe Aircraft (PISA) that accounts for an EIFS, enal variability and POD (Figure

3.4).
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RACK GROWTH RATE| [FRACTURE TOUGHNESS POD
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Figure 3.4 Probabilistic Investigation for Safe Aircraft (PISA) Code

A Monte Carlo simulation is used to iterate for #@®F, where the goal was to reach the
POF using the United States Air Force risk failofel0’ failures per flight, which
required 3X10 simulations to run. Because of the heavy useoafputing, the author
assumes that examining failures in the range of #buld be unfeasible with current
computing. The main disadvantage of PISA is thatfirst computation inspection starts

at the minimum value of acceptable risk (Figure.3.5
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Deterministic Vs Probabilistic Approach
in fatigue design of aerospace components
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Figure 3.5 PISA simulation for lap-joint panel

The DTRA examines all range of the crack growth] &ecause it uses deterministic
data, does not require the use of heavy computatidior a study of specific items, the
PISA code is very robust. However for an engirtedrave a general idea of associated
risk with crack growth, DTRA lends itself more uskendly since the computing
resources needed can be performed using minimava@f and hardware. Because the
entire crack growth range is examined, an engimeay decide which areas would
require further analysis and more computationaliregnents. This would be applicable
to transitions areas such as ‘Conservative’ to i@ak, or from ‘Optimal’ to ‘High
Risk’. A change to the fracture mechanics progrdoes not alter the general

functionality and process flow of the DTRA.
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4 Hydraulic Accumulator

This is an introductory example of a Fatigue gsialfor a mechanical system in
the aerospace industry. This example demonsttagesaffects that geometry, material
selection and loading parameters have on a comgsriatigue life. The Fatigue life of

two separate materials will be used to demonshate each may change overall system

reliability.

4.1 Component Description

An accumulator is the hydraulic equivalent to edactrical capacitor; it stores

potential energy and may release it as neededr@g-#ya).

Center Barrel

1.000 1.000
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Figure 4.1 Envelope dimensions of an accumulator 23
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The overall geometry of the accumulator is a cymadwhich consists of a center,
cylindrical barrel and two ends caps that screwootiie cylindrical portion.
Accumulators provide the consistent pressure needed hydraulic system during
pressure transients when large actuators serveaneet systems (such as flight controls
and landing gear systems). This is accomplishedsdyyarating the incompressible
hydraulic fluid from gas or another compressibladmam (such as a spring) by means of
a bladder or piston. This guarantees that a ‘pergei pressure is always applied to the
hydraulic fluid. Because the pre-charge gas is e¢esgible, accumulators also absorb
hydraulic pressure spikes, and can cushion loadaetospace systems, cycling between
temperatures due to altitude changes or fluctudiydyaulic pressures puts a great deal
of stress on the accumulator’'s internal components order to provide a fail-safe
system, it isuncommorto use only one accumulator in a hydraulic systierefore the
reliability analysis presented here accounts fortipla units, and provides a risk

assessment for the componand system.

4.2 Generalized Procedure
Figure 4.2 presents a procedure that determinestthetural integrity of a component

from the perspective of Fatigue. The assessmaeliNided into two parts.
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Determine Mechanism of Failure:
Axial Loading

Determine Axial Stress
at specific stress
concentration

| Obtain Equivalent Stress |

| Obtain ‘Life to Failure’ |

| Invert the value of ‘Life to Failure’ ‘

I Insert ‘Life to Failure’ into Boolean Logic Tree |

| Determine Loss of Function during Flight ‘

Figure 4.2 Flowchart for Generalized Integrity Techmique of nacelle inlet

4.2.1 Part 1: Life Limit Assessment of Accumulator

Two different materials will be assessed for tmsalgsis (Custom 450 and AISI 4340).
The analysis begins with loading due to usage dfdulic components, which translate
into stresses due to component geometry and ldoedssconcentration factors. The
stress concentration factor represents the roatsaxf a thread on the end cap. Material
S-N data will then be chosen to examine the ‘edentafatigue stress at a given stress

concentration factor and load ratio. Part 1 firedi with the number of cycles to failure.
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4.2.2 Part 2: Reliability Function Determination

The values of cycles to failure found for the twwaterial in Part 1 are then
inverted used to determine reliability of an indival accumulator, and their reliability

contribution to system.

4.3 Analysis

4.3.1 Partl: Life Limit Assessment of Accumulator

External dimensions and testing criteria has standardized by the Department
of Defense, where conforming dimensions used fas thnalysis follow the -1

configuration of Table 4.1. Figure 4.1 shows awad the stress concentration area and

defines the thickness used for the analysis.

Table 4.1 Conforming dimensions of accumulator [32]

C E H
Size Gas volume' | Tube size A B +0.000 +0.000 G +0.000
number | (cubic inches) | reference | £0.062 | £0.062 | -0.031 D -0.016 | max. | -0.016
Max. | Min.

1 27 23 0.50 12.500 | 3.938 4.625 | 2250 | 1375 | 2.812 | 1.125
2 54 46 0.50 20.375 3.938 | 12,500 | 2.250 | 1.375 | 2.812 | 1.125
3 54 46 0.50 12.500 | 4.438 3.625 | 3.187 | 1.375 | 3.812 | 1.125
4 108 92 0.50 20.375 4.438 11.500 | 3.187 1.375 3.812 | 1.125
5 216 184 0.50 36.125 4438 | 27.250 | 3.187 1.375 3.812 | 1.125
6 216 184 0.75 20.000 | 5438 9.125 | 4750 | 1.750 | 5.500 | 1.500
7 416 384 0.75 33.375 5.438 | 22,500 | 4750 | 1.750 | 5.500 | 1.500
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Figure 4.3 Section A — A from Figure 4.1 Barrel endross section

The pressure profile is given by Figure 4.4, whiaiee accumulator is assumed having a
500 psi precharge of nitrogen, allowing the unitptovide some pressure even if the

hydraulic systems are off.

Pressure Cycles for Tests
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Figure 4.4 Pressure cycle accumulator undergoes thugh one flight
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The material and fatigue data shall be refererfomh the Metallic Materials
Properties Development and Standardization (MMPBBSHEE9]. MMPDS is one of the
standards for material data used throughout thespace industry. Figure.®1 and
Figure A0.2 found in the Appendix provide the respective matestrength and fatigue
data.

The primary mechanism of failure of the barredxsal stresses.

Equation 4.1 provides the means to calculate thtyresses based on the pressures (P) and

the radius from the peak to the centerline (Figu8y.

Py ;37
0123 = ot Equation 4.1

Equation 4.2 defines the maximum stress each ldonkibutes.

S _ Ki Equation 4.2
1,23 = _Kt 01,23
sn

where K = 3.0 via, and kn 10.5, which is assumed as a representative valustifess
concentrations at a screw’s root due to machinipgrations. The equivalent maximum
stresses (Seq) for Custom 450 and AISI 4340 aneateby Equation 4.3 and Equation

4.4, respectively.

SE01,23 = Smax1,23(1 — R)%6° Equation 4.3

SEQ1,23 = Smax1,23(1 — R)051 Equation 4.4
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The load ratio (R) for each block is defined as(lb@v Pressure)/(Peak Pressure). Each
separate equivalent stress then is equated intodandual raw cycle life to failure (N)

for Custom 450 (Equation 4.5) and for AISI 4340 {&tijon 4.6).

— 1([9.64-3.2110g(s -39.28
Ny 3 = 101 og(Sro123 ) Equation 4.5

Ni,3= 10[7-14-1.7410g(SEQ1,2,3-56.4)] Equation 4.6

The contribution of each life N is calculated byManer’s rule to a final life cycle

(Equation 4.7).

1 1 171! .
Total Life Expected = [E + N_z + N_3] Equation 4.7

Table 4.2 provides the listing of numerical inptatshe above procedure.
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Table 4.2 The fatigue life of AISI 4340 and Custom50

Profile G Largest Pressures for Each  Axial Stress for each pressure
. Stress rofile Geometry Block block (o)
. Dimension .
Material Concentration
Tolerance K
t
Radius Thickness
(inch) (inch) ! 2 3 o1 oz o3
Nominal 3.5 2.37215 0.05 3000 2600 3000 71165 616)7 71165
Custom 450 Min 3.5 2.3693 0.05 3000 2600 3000 71079 61602 9107
Max 35 2.375 0.05 3000 | 2600 3000 7125Q 6175( 71250
Nominal 3.5 2.37215 0.05 3000 2600 3000 71165 61676 71165
AlSI 4340 Min 3.5 2.3693 0.05 3000 2600 3000 71079 61602 7910
Max 35 2.375 0.05 3000 | 2600 3000 7125Q 6175( 71250
N J
v
N
4 A
. Relative weight ratio of lowest Equivalent Stress .
Di . Maxm;mcitr;‘ss for Bach pressure/highest pressure of egch conforming to MIL Raw Block Life (N) E?(tpileclz_tltfa%
Material 'mension Kt X block Hdbk (Sq)
Tolerance
Sw Su Sv R R Rs So1 | S S N N N Flight
AX1 AX2 AX3 1 2 Q1 Q2 Q3 1 2 3 Cycles
Custom Nominal 3.5 83025 71955 83025 0.17 0.29 0.17 1357 .7 73.7 50693 380432 50693 23763
450 Min 3.5 82926 71869 82926 0.17 0.29 0.17 78.7 8§7.63.7 51114 385069 51114 23966
Max 3.5 83125 72042 83125 0.17 0.29 0.17 78.8 57.7 73.8 7B02 375868 50277 23563
Nominal 3.5 83025 71955 83025 0.17 0.29 0.17 15.0.56 75.7 80346 1190158 80346 38861
AlSI 4340 Min 3.5 82926 71869 82924 0.17 0.29 0.17 76.6 60.45.6 81010 1227872 81010 39211
Max 3.5 83125 72042 83125 0.17 0.24 0.17 75.7 60.65.7 79690 1154237 79690 38515
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For the purposes of this example, a failure Wwdl deemed any leakage due to
structural cracks. The material ultimate and vyieéhsile strength s & Tys,
respectively) are used to benchmark a materiaksngth for static loading. The value of
the Tus of AISI 4340 is 352 ksi vs. 304 ksi for Custom 420S| 4340 has a 13%
ultimate strength advantage for static applicatioResults from Table 4.2 show that for
nominal dimensions AISI 4340 can withstand 3886dhts before a detected leak vs.
23763 flights of Custom 450. Thus for fatigue ddestions under the given pressure

duty cycle, it can be concluded that AISI 4340 hearly 40% better endurance life.

4.3.2 Part 2: Reliability Function Determination

Reliability of a single accumulator is based be fanalysis results for nominal
dimensions provided in Table 4.2. The reliabilioy the hydraulic system the
accumulators serve requires the use of Fault Tregly&is (FTA). FTA accounts for
system reliability by interconnecting different cooment using Boolean algebra, and is
reflective of how different components interact ansystem. Table 4.3 provides an

explanation of various types of gates used in dateng system safety and reliability.
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Table 4.3 Fault Tree Symbols [70]

Description of an o of a logic bol or of an
Description Box emt"‘““’ utput of a logic sym
N .
o AND-Gate Boolean Logic gate - event can occur when ali the

next lower conditions are true

Boolean Logic gate - event can occur when all the
next lower condibons ocour in a specific sequence
{sequence is usually represented by a conditional
event)

Priority AND-Gate

Boolean Logic gate - event can occur if any one or

OR-Gate more of the next lower conditions are true

Output fault occurs if the (single) input fault occurs
inhibit in the presence of an enabiing conditional event.
Transfer indicates transfer of information
Basic Event Fev::t m\:h;h f‘i:s ;:;n;:::om ze:tem under analysis,
House Event which is external to the system under analysis,

it will or will not happen (Pf=1 or Pi=0)

Event which is not developed further because it has
little impact on the top level event or because the
details necessary for further event development are
not readily avaitable

Undeveloped Event

Conditiona! Event A condition which is necessary for a failure mode to
occur

) ODODODP)F

The probability that a unit fails is the failurevided by the expected life cycles of
the part, therefore the unit (or metric) for religp is ‘failure-per-unit-time’. In the case
of Custom 450 the reliability rate is 1/23563 = £&210°, and for AISI 4340 the
reliability rate is 1/38515 = 2.6 X 0 If a system is using two accumulators, and
depending on the system configuration, the religbdan differ greatly. If units were

configured in the same manner as Figure 4.5, lbascertain function would require the
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failure of both items, utilizing the AND functiomnd thus equate to a rate (for Custom

450) of (4.2 X 16) X (4.2 X 10° = 1.76 X 1.

I' Loss of Function .
[ "A' Inflight !
-

]

‘ |

|

‘ ftem #1 Fails l i Item #2 Fails
|

I P

Q- O

Figure 4.5 Example of two items failing in relationto fault tree analysis

If two accumulators were made of AISI 4340 and waoefigured where failure of only
one unit would directly cause an overall loss cdtegn functionality, this would employ

the OR gate and equate to (2.6 X°18 (2.6 X 10°) = 5.2 X 10°.

4.4 Conclusion

This example illustrates that although a materight appear better for static and
fatigue applications, the system configuration change the reliability of the system. In
the example provided, Custom 450 could be confijumea manner that allows greater
overall reliability to the system than AISI 4340thaugh it was relatively lackluster
considering fatigue properties. This drives theaidbat even designing components
requires an understanding first and foremost ofrstem it will serve. In addition, static

strength advantages do not necessarily correlateeisame manner tatigue
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5 Engine Nacelle Inlet

5.1 Purpose of Component

The inlet is part of the aircraft's nacelle asbgmwhose primary purpose is to
direct as much air into the engine as efficientiypassible. It is a unique structure in the
sense that it must have a smooth, aerodynamiclertufi sustain aerodynamic forces
(similar to other air passage components), buss @xposed engine loading. Therefore,
compared to the relatively tame environment of ecumulator stored inside a fuselage,
the nacelle inlet is exposed to a much harsher@emwient, which inherently has varied
loading. In addition to the exposed loading, inggércomplications of the nacelle add to

the possibility of mechanical failure.

Figure 5.1 Engine inlet portion of nacelle

The nacelle assembly is a complicated structunestcucted of several sub-
mechanical assemblies, which are interconnecteigfr sequencing mechanisms. All
components have tolerances; an accumulation of ooerd tolerances in assemblies
augments the possibility of improper system fun@idy. Because all assemblies have

tolerances, ensuring the correct sequencing walset allowance is critical. Checks for
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sequencing can be performed in different manufaguphases, and are very common
before the customer receives aircraft delivery.

Therefore, a main feature designed into theicsires serving complex
mechanical assemblies is an inspection, or ‘riggopgning (Figure 5.2 Such types of
openings are essential in proper checking of sexjngmechanisms, and can vary in size
and shape. An example of such rigging openingeigiaed in Figure 5.2, where a
technician try to fit the tool through two compotempenings. This tool can be as
simple as a small cylindrical rod to complex asihgwthe shape of a key. If the
technician can perform this task, then the mechaniside of the structure has been
calibrated, or ‘rigged’ properly. If the tool doast fit through properly, the technician
would need to start recalibration again. Perfectcentricity of the holes is not required

if the tool (in this case a small cylindrical rathn be inserted.

Component #1

|

Component #2

Acceptable Unacceptable
Figure 5.2 Example of rigging two components
The framework established in Section 3 will consithe various loading conditions in

tandem with tooling holes in an aircraft structure.
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5.2 Proposed Framework for Inlet

The following framework establishes a methodnalgze an engine inlet, which
has a rigging opening introduced during the martufatgy process, and focuses on the
Probability of Failure from the aspect of Damagdefance, and how to mitigate any

failures.

Tooling Hole

4

Figure 5.3 Location of tooling hole relative to naelle

The structural analysis method for this exammesuan established course for
analysis of initial aircraft design (Figure 5.4or this example, loading for Aerodynamic
Data shall be determined from assuming theoretilight profile, and loading for
Structural Vibration are determined from engineseoi Other structural complications

will arise from manufacturing considerations ofuadly creating the tooling hole.
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Figure 5.4 Structural Analytical Design Cycles [71]

5.2.1 Process Flow

The Generalized Integrity Technique (GIT) (Figubeb) is presented for
determination of structural integrity of a componenhich starts from the designated
component geometry and material construction, acdrporates loading conditions to

determine structural reactions and completes wétatc and damage tolerance analysis.
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Obtain Geometry

from Design Engineer

and Material type

\

4

Determine Local Loading and
Environmental Loading

Determine Circumferential Natural Frequency

Determine S

onic Loading

Obtain structural reactions (Static Analysis)

\

4

Perform crack growth analysis based on structural
static loading (Damage Tolerance Analysis)

Figure 5.5 Flowchart for Generalized Integrity Techique of nacelle inlet

The last step of the GIT is a Damage Tolerancsk Rinalysis performed by

intersecting values from static compone

3.2), providing Probability of Failure values.

Figure 5.6, which begins with an initial flaw siaed is grown until the component fails.

nt loadmghtat of aircraft maneuvers (Figure
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Theal step is further explained by



Assume Initial Flaw Size

Iterate flaw until component failure

A4
Obtain residual strength at each iteration

\
Intersect residual strength with flight design case

Plot Probability of Failure

A4

Intersect Probability of Detection at
confidence level with Probability of Failure

Figure 5.6 Damage Tolerance Risk Assessment

During each iteration of crack growth, the residstaéngth distribution of the paat the
given crack sizes defined based on the fracture toughness vétiabiEach residual
strength distribution is intersected with a theosdt flight design case. These
intersections are the Probability of Failure, whighen plotted with the Probability of
Detection provide a total holistic view of the st that is similar to Figure 3.1. The

following section provides more technical detailsachieve each process.
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5.2.2 Detailed Workflow for Inlet

Because the engine inlet undergoes more typdsanfing than the hydraulic

accumulator presented in Section 4, a researcht effas employed to understand the

types of loading and manufacturing parametersdbald affect the inlet’s crack growth

life. Figure 5.7 details the static analysis reegito understand the primary loading from

the engine itself.

Mechanical System Loading
(Engine Noise)

Global Geometry

Component Manufacturing

(Conical Shell)

Dynamic Related Assumptions: Circumferential Response
Hand Calculations vs. FEM

Yes

Same Order of
Magnitude?

Remote Loading

Refine Assumptions

Maximum Stress
Hand Calculations vs. FEM

same Orderof g Refine Assumptions
Magnitude? 2

Yes

|

Static Structural Integrity |

|

Dynamic Structural Integrity:
Operational Loading

Fatigue Crack Growth Modeling b
(AFGROW)
T
|
1
v

Figure 5.7 Block diagram describing derivation of bads
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The beginning assumptions are that a geometry agohe noise parameters are given.

The area surrounding the rigging hole (Figure &3ssumed to undergo circumferential

stresses, thus, the structural circumferential aese of the inlet due to engine noise
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provides the ‘Remote Load’, which intern providae tMaximum Stress’ due to engine
noise. This ‘Maximum Stress’ need not be confusighl an ‘Ultimate Stress’ value from
a purely static analysis, since structural intggwith a static only analysis would use
higher loads than those produced by the engineencidis thesis then concentrates on
the Crack Growth Modeling due to the engine loadinQetails of how Component
Manufacturing and Environmental Inputs affect stual integrity are explained further

with the aid of Figure 5.8.

Dynamic Structural Integrity:

Operational Loading | Component Manufacturing Environmental Inputs

(Aircraft Maneuvers)
Initial Flaw Size Material Properties

| |

Nominal Strength | | Fracture Toughness Variability

Crack Growth [
Modeling (AFGROW) 1

Probability of
Failure per flight at
crack length a;

Figure 5.8 Continuation from Figure 5.7, the Probaliity of Failure is the final item

The Crack Growth Modeling engine used was AFGRQWere the part was
loaded with a ratio R = 0. The main output wasrack length (3, which was
subsequently entered into the Residual StrengthriBusion Function, ¢rs,), of the

material. The residual strength distribution iscenbination of in service data and uni-
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variate distribution. In the case of the naceallajngle initial crack was assumed, while
the fracture toughness data was collected throutghature research. This iterative
process continues until the critical crack lengis been reached.

Each residual strength distribution was beerect#ld and plotted, and depending
on the resolution of the iteration; the numbertefations plotted can vary. Crack growth
modeling only examined engine noise; however, theb&bility of Failure includes
loading from the Environmental Inputs. A singuldistribution representing the
Environmental Input is created and plotted alorgsehch iterated residual strength
distribution, where the interference region relat@she Probability of Failure. As the
crack grows, it loses its residual strength, crepfiarger intersecting areas with the
Environmental Input. This was previously demortsttawith Figure 2.9; however,
Figure 5.9 demonstrates the increasing POF as thek cpropagates through the

component.

Environmental Input

Residual Strength
Distributions

Probability

Strength

Interference = Probability of Failure
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Figure 5.9 Probability of Failure increases are therack grows through time

5.3 Framework Application

The reader has been exposed to the general pugbtise component, the overall
systematic and specified processes of the Damalgeahae Risk Assessment. This sub-
section applies the previous sections into a nascghHose chosen dimensions are based

on the author’s industry experience.

5.3.1 Geometry and Material

The shape of the component determines how loadisisibuted through the
structure and localized stress, especially duéréss concentrations. The inlet conforms
to the aerodynamic shape of the engine nacellepistéd in Figure 5.1, where the inlet

itself has the shape of a cone Figure 5.10.

Isometric Side Top

Figure 5.10 Dimensions of inlet

Aluminum is used extensively throughout aircrafbgnams because of the lightweight
properties and readily availability to come in diffint stock sizes. Two main types of
aluminum throughout aerospace are 2000 and 7008ssaluminums, where the inlet
utilizes is 7075-T6 Aluminum.
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5.3.2 Natural Frequency

The overall life of sheet metal components aratly affected by the acoustic
fatigue loads from the engine noise [72]. The ratfrequency of the cylinder must be
determined in order to understand the reactiorexested pressures, as well as ensuring
the operational frequencies are outside the 5%neddrequencies of the inlet [73]. The
loading condition of this as well as boundary ctiods will play a prominent role in
determining the natural frequency of the inlet. dimsure the numerical value of the
natural frequency is correct, a comparison was niet@een ‘hand’ calculations and a
finite element model. If the values were considdarethe same order of magnitude, the
more conservative value was chosen to proceed fdrwih the analysis.

Due to shape, loading and boundary conditiorth®@inlet, an extensive literature
review was required to best understand and chdosedéscribing equation for the
component. Because the ratio of the thicknessteri diameter = 0.175/30 = 0.0058
(less than 0.05) theory thin walled vessel is aldy74]. Therefore, structural responses
of the system will be specific only to those actinga circumferential manner, and
requires understanding of the inlet's boundary doorul

Examples of longitudinal mode patterns Example of circuferential

E——— e

m-;, my=2, for clamped - clamped,
simply suppotted - simply supported,
clamped - simply supported cases

Figure 5.11 Visual depiction of longitudinal and adicumferential mode patterns
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The portion of the inlet that attaches to the nranelle structure runs from Section 1 —
Section 2, and the structure that is exposed tpamsage runs from Section 1 — Section 2

(Figure 5.12). The author assumes

)
:

HTHE“

W
+H .

Figure 5.12 Close up of inlet section and respectvconstraints

<=
NI

Perhaps one of the largest compendiums of all trdoraapplications of shells is from
Leissa [75]. From Leissa’s work, Pilkey [76] sinfigld frequency parameters and
boundary, where Equation 5.1 defines the naturafjuency examining membrane

loading.

EQ? Equation 5.1
w= |[———— quation 5.
p(1 —v?)R?

Due to the boundary conditions defined by Figuh5Section 1 — Section 2 is assumed
fixed. Therefore, the natural frequency of thein$ assumed to resemble that of a

circular cylindrical shell per [76] (Figure 5.13).
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Figure 5.13 Clamped-Free boundary condition for inkt natural frequency [76]

Per Leissa, performing hand calculations for a islppcylindrical shell’s natural
frequency would be extremely arduous, and is beybeadcope of this thesis. Therefore,
an acceptable range would be if the two natur@ueacies determined were in the same
order of magnitude, where the largest natural feegqy would be used for further
calculations.

ABAQUS CAE was employed as a check for the haaldutations previously
performed. The density of aluminum was convertennf 0.101 Ib./id to 0.000261
Ib./in®, adjusting for rate of acceleration = 32.2 #+#s386.4 in/&. ABAQUS calculated
the natural frequency of approximately 227 Hz, harethods calculated 317.74 Hz as
shown on Table 5.1, showing results being in thmesarder of magnitude. The natural

frequency will be critical in determining the adtapplied pressures from engine noise.

Table 5.1 Circumferential natural frequency with made pattern =5

R . L p

@n) | el Gn) | " (Ib./in)
30 5 20 0.3 2 0.0% 0.80.0453| 1.03E+07| 0.000261| 317.74

m G | v Q? E (psi) fn (HZ)
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Internal Pressure Loading
ODB: StressAnalysis.odb Abaqus/Standard 6.10-1 Fri Mar 15 21:43:39 Eastern Daylight Time 2013

Step: Step-2, First 10 natural frequencies

Mode 8: Value = 2.06032E+06 Freq = 228.45  (cycles/time)
Primary Var: U, Magnitude

Deformed Var: U Deformation Scale Factor: +6.000e+00

Figure 5.14 Modal analysis from ABAQUS

5.4 Structural Reactions — Sonic Loading

Noise from the aircraft's engine produces soundguree levels that are used for the static
analysis. The Miles Method creates the correlatietween the structural responses of
the inlet to acoustic noise generated by the direragine. John Miles studied the stress
spectrum of aircraft structure undergoing randorading, where he assumed such
structures as having a single degree of freedohisiwibrations analysis [77]. The main

equation from Miles that is used in industry [78Hefined per Equation 5.2.

U Equation 5.2
Grus = \/Ean[ASDmput] e

The Miles equation has found use when analyzingouarroot mean square (RMS)
guantities such as von Mises stress of enclosedmes [79] and flat plates [80].
However, the RMS sound pressure response has beapaced [81] [82] in the same

manner as a mass’ acceleration response as shozgpation 5.3.
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’n
Prus = EanPs Equation 5.3

Where the sound pressure spectral density is pedvidy Equation 5.4 and the
operational frequencies;(&nd §) are provided by Equation 5.5.

_ (29X107%)2x10%8/10

Equation 5.4
s 0.231f,
f. :\/ﬁ_fz Equation 5.5
T
3 130f gl:re:;l o . ]//D"‘U
n . . ;
g 10 e /
g op-g D— Pty >
RO i _ R AT
wl L 1N LA

40 50 60 70 80 90 100
Engine speed, percent of maximum rpm

Figure 4. - Noise 100 feet (30.5 m) from J-65 engine.

Figure 5.15 Engine speed vs. SPL for J-65 jet en@n

The operational frequencies are taken the dat&eflt65 jet engine from Figure 5.15
[83], which has similar performance characteristas the engine that the nacelle
structure is installed on. Based on the engina datl structural boundary conditions, the
applied pressure load from the jet engine is 4.&2(Ppable 5.2). Since the loading is

known, the next step is to determine the statidilup

Table 5.2 Pressures on the inlet based on naturakfjuency and sound pressure levels

f1 - at fz -at SPL

40% | 100% fe fa Q | @B Ps Prus (pSi)
(Hz) (Hz)

2520 8300 4573.4 317.74 17.83 171/59 1.148E-03 4.52
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5.5 Structural Reactions — Static Loading

The nacelle skin will be analyzed for membranesstri@ the circumferential direction
using the pressure loads determined from the pueviection. This conservatively
increases hoop stress reacted at the upper fragae 8he cross section of the part is
made of the -1 and -3, both are made from 7075-Tlee fatigue and damage tolerance
calculations will focus on the -3. The hoop strésaculated below) will aid in back
calculating the total load entering each compopétite cross section from Figure 5.10.

_ Prysr (4.52psi)(30in. +0.175in)

Ohoop = . 0.05 = 2728psi
3
-1
——
B B
1.125 —\L
1
| /
0.05 >+ 0.125

Figure 5.16 Section A-A from Figure 5.10, tooling dle hidden for clarity
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Outer -1
Fiber \ -3
PHoop %

1 0.125”
oo Y S

PHoop

Figure 5.17 Section B- B from Figure 5.16

A_; = (0.05in.)1in.= 0.05in.?
A_; = (0.125in.)1in. = 0.125in.2
Arorar = 0.125in.2+ 0.05in.% = 0.175in.2

Find Reactions iRop:

Proop = (Ohoop )Arotar = (2728psi)(0.175in.? ) = 477.4lbs.

Vz Vz

| r
|e| 0.125” |

Figure 5.18 Local dimensions, coordinate systemspbp loads and reactions

AN

T

2

Figure 5.18 presents the effective sheet metal minas, where calculated stresses on
the sheet metal due to operational loads are sh@aw. The section width is idealized
as 1 inch. For the purposes of this thesis,asimed an arbitrary method of fastening is

used at each end the -3 component such that itoodyn react shear. The main
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components that are acting on the face are axading from the hoop stressA) which
is the main stress determining the fatigue and dentalerance lives. Solutions to
bending, axial and torsional [84] stresses showrshown below.

V,  Puoop  477.4lbs.
(O'm)Axial = = = i 2
A Aeffective 0.125in.

= 3.82ksi =~ 4ksi

For sake of conservatism, the calculated hoop stresrounded to 4ksi, which is
compared to the results from the FEM (Figure 5.1%he value of the FEM is in the
same order of magnitude as with the hand calculstibowever, the hand calculations

provide a largest stress, and therefore shall bd fes further crack growth calculations.

S, Max. In-Plane Principal
SNEG, (fraction = -1.0)

(Avg: 75%) Tooling Hole

Internal Pressure Loading
0ODB: StressAnalysis.odb Abaqus/Standard 6,10-1 Fri Feb 22 09:44:12 Eastern Standard Time 2013

Step: Pressure, Pressure
Increment 1: Step Time = 1.000

Primary Var: S, Max, In-Plane Principal
Deformed Var: U Deformation Scale Factor: +3e+02

Figure 5.19 Maximum in plane principle stresses peABAQUS
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5.6 Crack Growth

5.6.1 Crack Growth Assumptions

Crack growth assumes an initial flaw is introdlicduring the manufacturing
process of the base material itself or when sevaaiponents are assembled together.
In the case of the nacelle, it is assumed the ffamtroduced during a hole reaming
process when creating the inspection hole.

The introduced flaw, (or initial crack lengthy a two-dimensional aberration
(Figure 5.21), where Ligament 1 has the introdutesd, and Ligament 2 is untouched.
Cracks grow due to tension loading and stressdgzamthfrom Section 5.5. It is assumed

the crack will grow along the local y-axis of thengponent (Figure 5.20).
S 5 <_T
E

Vz Vz

Width

Thickness

Figure 5.20 Direction of surface crack growth
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Ligament 2 Ligament 1

X 7]
I N T /

Hole Diameter Detail A

Figure 5.21 Section B-B from Figure 5.20

Figure 5.22 Detail A from Figure 5.21, a crack iswo-dimensional

The respective geometric properties of the matstigl are given below (Figure 5.20):

 Width=11n.

* Thickness = 0.125 in.

* Hole Diameter = 0.1875 in.

» Initial Surface Crack Length = 0.07 in.

* Through-the-hole Crack Length = 0.03 in.

Crack growth material data referenced from the RB®V database for 7075-

T6511 Extrusion assumes a load ratio (R) = 0 (Eda23). The extrusion material
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database in AFGROW is assumed adequate in proviten@est crack growth rate for a

part of 0.125 inch thickness.

Crack Growth Rate Data

1e-001

1e-002 —R= 0.00

1e-003 /
16-004 /
1e-005 ,/

1e-006 /
16-007 //

1e-008 ’

da/dN

1e-009

1e-010
01 1 10 100
AK

Figure 5.23 Crack growth data from AFGROW databasdor 7075-T6511

The geometric and material parameters are ingatAFGROW, a crack growth
program used in the aerospace industry, which tésrahe crack growth based on
database of known crack growth rates and the Ipadtim provided by the user. It uses
the same methods as discussed for critical cracgtheper Section 2.2. Assumed
component failure occurs when the crack complegebyvs through Ligament 1 (Figure
5.21).

The purpose of the component defines what islaréa a through the hole crack
may not be significant or regarded as a comporalhiré. This is critical because failure
guantification is an input to the Probability ofilbee that will be performed later in this
thesis. In the case of the nacelle, the functibthe hole is to have a tool or device

inserted by a technician to ensure proper ‘riggiisgberformed so that the sequencing
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mechanism (or any device similar to) can functiooperly. A through-the-crack hole

will not to impede the structural integrity of tassembly at the beginning of the crack
life. However as the crack grows to its criticahd¢h, and causes a piece of the metal
strip to dislodge, it can damage components inside nacelle and potentially cause
Foreign Object Damage (FOD). Detachment will oogtien the surface crack reaches
its critical dimension; thus, the surface crackical length is considered the main failure
indication of the component. Crack growth and aslklysis calculations will be based on

how the surface grows during time.

5.6.2 Crack Growth Calculations

The number of cycles to failure for a surfaceckris much larger than a through-
the-hole crack because the surface crack has er lpagh to travel along the part’s width,

compared to the through-the-hole crack travelimgpglthe thickness (Figure 5.24).

Crack Length vs. Cycles

0.4

0.35

0.3

o
N
&

= = Alength

Crack Length (in.)

©
N}

e ( Length

=]
[
a

0.1

0.05

0 500000 1000000 1500000 2000000 2500000
Cycles

Figure 5.24 Crack Propagation of 7075-T6511 Extrusn Axial Stress = 4 ksi
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Each crack has a respective geometric value (Blesd)changes as the crack propagates
through the strip. Crack propagation and Betaofacare presented for both surface (a
length) and through-the-hole (c length) in Figura4sand Figure 5.2%espectively. The
limiting factor of the through-the-hole crack issitboundary dimensions, being the
thickness of the specimen itself and not the gegnuétthe crack. However the opposite
is true for the surface crack, where it's limitifigctor is due to the inherent crack
geometry as it approaches the critical crack lengthis is seen by the comparison of the
Beta factors in Figure 5.25 and Figure 5.26 . &$aBC passes the 0.325 in. crack length,
the values become asymptotic, where the criticatlcrlength is reached before the

specimen’s surface boundary dimensions.

Geometric (Beta) Factors for Surface and Through the Hole Cracks

18
16
14
12

10

Beta

#BetaC

] MWBetaA
o *
L e
6 By *¢

*
e -
0”’- 0000000000000

L2 8 R/

0 0.05 0.1 0.15 0.2 0.25 0.3 0.35 0.4 0.45
Crack Length (in.)

Figure 5.25 Beta Factors for the Surface Crack Throgh-the-hole Crack
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Change in Geometric Factor (Beta) as Surface Crack Grows
18

16
14
12

10

O Beta

A 4
¢

.
0 "M000000000000000‘090”‘o .
0 0.05 0.1 0.15 0.2 0.25 0.3 0.35 0.4 0.45

Crack Length (in.)

Figure 5.26 Change in Beta Factor during crack groth

Each iteration (denoted as ‘i) represents a tsmgment that AFGROW iterates.
The post-processing crack growth phase would irclualderstanding how the material
variability would affect the residual strength dfet component as the crack grows
(Equation 5.6).

K.
Ops = -0 YF7— Equation 5.6
ks BacVTa,c g

The general procedure to go about this is to craatistribution of residual strength
based on material variability researched. Theabdlity assumes the material follows a
normal distribution for 7075-T6 sheet aluminum, wehdehe average and standard
deviation values for fracture toughness are 71i%Rkd 2.8 ksi, respectively [39]. This
procedure was performed for a total of 42 iteratjaan summary of the residual strength

and respective statistical values is presentedbiel5.3.
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Table 5.3 Statistics of residual strength during vaous crack growth intervals

Iteration =1 =10 =20 =30 =40 =42
Crack Length (in.) 0.070 0.093 0.160 0.261 0.368 0.396
Average ogs (Ksi) 58.743 25.314 20.190 15.712 9.003 4.118
Standard Deviation (ksi) 2.402 1.035 0.825 0.642 0.368 0.168
Coefficient of Variation 0.041 0.041 0.041 0.041 0.041 0.041

The outcome of each iteration is a Probability DgnBunction (PDF) of the residual

strength at each iteration (Figure 5.27).

Residual Strength Progression Throughout Crack Growth

2.5

Critical Crack Length

=
wn

Probability Density Function
-

0.5

Figure 5.27 Progression of Residual Strength of pagas crack grows

When the part begins with an intial flaw, the residstrength of the component reflects a
PDF of the fracture toughness for virgin mater@ahstructed from 7075-T6. During the

beginning of the crack life, the intial flaw ha#tle affect on the component’s residual
strength, since the PDF almost resembles virgirenaistrength (which inherently has a

broad range of material strength). However the ftecomes more influential of the
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component’s strength as it grows, until finally dhes little range in residual strength
required to break the component. ‘Range’ with iaon’ of residual strengths do not
have interchangeable definitions; as was showralnlel'5.3, the Coefficient of Variation
is kept constant throughout crack growth. The RB$entially describes the distribution
of a random variables over the same space of anoast random variable [85] (in this
case the random variable is the fracture toughness)

The progression of the increasing residual strelRPDF (Figure 5.27) can be
explained as there is a higher certainty whereniaaimum residual strength of the
component occurs as the crack grows; since thek gsagrowing, it is becoming more
influential in the components strength. However tlee crack is growing, the material
become weaker, thus it's residual strength decseaBmgure 5.28 provides a graph of the
peak values of the material strength PDF, whichiaeghe largest residual strength
value plotted based on the average of the maximesiuwal strength value (Equation
5.7).

Xmaximum = O-RS—average + 6# Equation 5.7

Therefore, the distribution of thelative residual stress at each interval increases, even

though theabsoluteaverage residual strength decreases as showguneFs.28.
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Average Residual Strength PDF Progression Through Crack Growth

25

N
5]

Probability Density Function
N

0.5

0 10 20 30 40 50 60 70
Residual Strength (ksi)

Figure 5.28 PDF of average residual strength incresss as crack grows
As the crack grows through the part, there is aomar band in where the average

residual strength lies. In the next section thik ke critical in understanding how to

create a POF based on aircraft maneuver loads.

5.6.3 Probability of Failure

The residual strength and crack growth preseatéy account for engine noise
and has not considered actual flight loads, whiith ta the stresses the nacelle. To have
an understanding of environmental loads on a strecbefore starting a flight test
program, flight design cases are used for thisomeag-or the purposes of this thesis, an
Extreme Value Type | Distribution (also referred@smbel Distribution) is used, which
assumes a theoretical large load will rarely occHowever it is assumed that over the
course of the component’s life, it will occur, thstsuctural integrity must be met during

such an event.
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Construction of the curve starts with the Gumi@imulative Distribution
Function (CDF), and for the case at hand, it isiieesl that at about 95% of the stresses
due to the flight profile will occur from the rangé O - 5.2ksi (Figure 5.29). All other

stresses follow the Gumbel CDF and provide low pholities of high stresses.

Gumbel Cumulative Distribution Function
1.2

0.8

Probability
o
(<))

-+ =95%

Gumbel CDF

0.4

0.2

0 1 2 3 4 5 6 7 8 9 10
Stress (ksi)

Figure 5.29 Probability of nacelle enduring loads dring flight

The Gumbel CDF correlates to a Gumbel PDF desciiyeeiquation 5.8 [85], which can

be correlated to the Residual Strength PDF thrawigigration Equation 5.9 [62].

g(y) = anp[— exp(—a(y - u))] exp(—a(y — u)] Equation 5.8

POF = fjooo f(x)[fl\?o g(y)dy]dx Equation 5.9
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The integration performed is essentially the Prdltgbof Failure (POF) of the

component (Figure 5.30 Please note the units for POF are ProbabilityFaifure per

Flight.
Intersection of Gumbel PDF with Residual Strength PDF
25 =
2 =
§ 1=a7
B 15 i
2 ] i=38
a i=40
£ i i=41
1 P i
§ 1 —| i=Phantom
& : i=42
3 Gumbel PDF
R I e I I I I I I I I e I A T
swess(ks) 0000

Figure 5.30 POF is the intersection of Gumbel and &sidual Strength PDFs

The POF is the intersecting area between two RBigsre 5.3). Calculating the
PDF involves using a trapezoidal rule via Microdbficel ©. If the current flight design
case is used, the component’s critical crack lemglihnot be met, i.e. the stresses from
the flight design case will be larger than the daal strength of the part at the critical
crack condition. This is corraborated by the plolitg of reaching stresses greater than
4 ksi during the life of the component will be nwith 100% certainty (Figure 5.29
Mitigation for the crack growth is needed to enstive component can be fixed in a

timely manner. This requires understanding théaldity of detecting a crack.
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5.6.4 Probability of Detection

POF data. The POD is based on what are the chamncespector can detect the flaw
based on the material inspected, the inspectiohadetogy and the crack length. Data
from was recreated from [67] that examined a tofel84 sites of Boeing 737 structure
constructed from 2024 aluminum using Eddy Curregspection. The structure was a lap
splice, and was chosen due to geometry of the rahtend the relative degree of

accuracy. The POD was stated at 90% for a 0.10X¥law, where this manner of

precision will be used for creating an inspectioteival.

The Probability of Detection (POD) allows the eegr to better make use of the

0.8
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Probability of Detection vs. Crack Length
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Figure 5.31 Eddy Current Probability of Detection for 2024 aluminum
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5.6.5 Inspection Interval

The inspection interval is created by comparihp@wv a crack length from the
POD would correlate to a time interval based onrtheelle crack growth data. From
this, the engineer can know the appropriate timsdd inspecting the parts with a known
degree of accuracy. From Figure 5.32, it can lmavshthat a crack length of 0.1 in.
equates to 90% certainity of detecting that flatherefore one can assume that this crack
length has an intrinsic value at a certain lifeley€ one knows the crack growth rate for

a specific component.

Probability of Detection vs. Nacelle Crack Cycles
1 E * &
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Figure 5.32 Vertical line correlates POD to crackédngth on nacelle

Figure 5.32tranforms the crack length abscissa from cracktleigches (from
Figure 5.31) into cycles. The number of cyclesb&gin detecting crack with 90%

confidence is at 956000 cycles (red vertical lind~@ure 5.32).
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The FAA designated per allowable probabilityrisk per hour is designated as 1
X 107 failures per hour [69], which can be overlayedhwtite known probabilities of
failure from crack growth. Based on the 90% coerfick level from inspection at a given
crack (and hence respective cycle period), a Inispection period may be established

(Figure 5.33).
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Figure 5.33 Probability of Risk per cycle for crackgrowth in nacelle

The metric of a cycle based on engine speed tiggadistic for recording and
accounting purposes, and need to be converted nmra suitable unit of time. Per
Section 5.4, it can be assumed that the averagatogespeed of the engine equates to
4573 cycles per minute, based on this it can bevstibat the inspection period can start

approximately 3.5hrs after the initial start of fight program.
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1min 1hr
(9.56 X 10° cycles) ( ) (

4573cycles ) = 3:5hrs

60min
The associated risk per cycle assuming inspectiadtisstart at 3.5 hours (per Figure
5.33) is between 1 X 1§ and 1X16*, while the FAA minimum is 1 X 10

Depending on the maintenance manager, this mapdeonservative, and can
therefore adjust or maximize the inspection timgeldlaon an acceptable risk to their fleet.
Figure 5.33 has the same general shape as the Pal@grance Risk Assessment
(Figure 3.1), and shows that the ‘Optimal’ regionihspection would be between 9.56 X
10° cycles and 1.4 X fcycles, since this area has the a slope closesttmstant and

risk does not increase as much as an area neat 2cycles.
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6 Conclusion

6.1 Contributions

The focus of the research was compare and prawidisk analysis based on
Fatigue and Damage Tolerance philosophies for tsiraic integrity, by focusing on
current methods used in the aerospace industry vei#tn identical components found in
service in the industry. This thesis provides ahme in determining risk associated
failure of a hydraulic accumulator and with craakwth in an engine nacelle for new

design.

6.1.1 Risk Analysis — Fatigue

The presented procedure examines the situati@remtesign has little room to
deviate due to certification reasons. The riskyamms uses fatigue failure analysis with a

fault tree analysis to determine the associatédwith a component.

6.1.2 Risk Analysis — Damage Tolerance

The presented procedure guides the reader thrdhghactual process of
determining the structural integrity of an engiraeelle inlet due to sonic fatigue loading
from the engine, and due to aircraft maneuverse fi$k analysis integrates the crack
growth propagation due to the aforementioned Igadonditions with the probability of
component crack detection found in industry. Theability achieved is by assuming
the fracture strength material properties confooratnormal distribution, and that the
flight design case is a Gumbel extreme value thstion. The outcome is a visual aid
that can quickly aid in determining recommendegdasion intervals, and matches the

general shape of crack propagation curves of thenpanaterial.

91



The main contribution of this thesis was the d¢oeabf the Damage Tolerance
Risk Assessment chart, which visually correlatesdtack growth rate of the component
to how risk changes, and incorporates a Probalfitpetection of certain size cracks.
Although the probabilities of failure presented meextraordinarily small, the overall
picture can be applicable. The DTRA provides ashioltool that allows an engineer to
understand what are the associated risks from lestadgrave’, and how to mitigate
those risks.

The DTRA framework was compared to other methaskd in the industry that
also examine Probability of Failure and attemptrmofigate risk using Probability of
Detection techniques. The main advantage the DFR# compared to the researched
methods is that it examines the entire crack grawthme, and does not require much
computational power to model the risk associated thuthe assumptions made (for
specifics of these assumptions please refer tad®e8). By analyzing the entire regime,
an engineer can tailor how to change the crack tiromodel as needed. For example,
the transition area from ‘Optimum’ to ‘High Risk’ ay require additional fracture
mechanics modeling. This would indicate to an eeer to focus is needed on these
particular areas opposed to the entire crack gromdtiel. Because other methods do not
look at the entire initially from a deterministieew, heavy computational power may be

wasted.

6.2 Limitations and Suggested Future Work
Although the proposed procedure examined vanatiomaterial parameters, and

flight profiles, some areas would require furthgamination to provide results that are
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more realistic. This would include marrying the uattcrack distributions (EIFS, etc.)

found in the field, as well as other items discdgsethe subsections below.

6.2.1 Geometry

More specific to an engine nacelle would be todetimg through FEM the
curvature effect on crack growth, also referrecaso’bulging effects’. Bulging affects
occur when the curvature of any panel makes amajyaiack growth more difficult [37].
As reported by [86], the effect of shell curvatimereases on stress intensity factor as
membrane stresses become more dominant than benfinegcoefficient of variation for
cracks for curved specimens was reported as beiitg different from other specimens
[87]. In addition, a more refined model of the elde and boundary conditions would

provide a more precise examination of the component

6.2.2 Material

Corrosion effects, as previously discussed with tockheed C-130, have a
profound effect on fatigue on multiple initiationes would be included in the discussion
of an EIFS distribution, as simultaneous crack ghogan occur [65].

The inspection methodology used was for 200@saiuminum; however, there
was 7000 series aluminum constructed. Thereftie Probability of Detection for the
cracks would need to reflect a more suitable inspeenethod. Nevertheless, the overall

procedure (regardless of inspection hardware usesdill valid.

6.2.3 Loading

The sonic fatigue condition examined the casengfine noise at a constant load

ratio; however, during maneuvers this would be wered a variable load case. For
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supersonic aircraft, a ‘hammershock’ condition magur, which occurs when the engine
compressor creates a large pressure rise that gatgsaupstream [88] [89], which has

been reported to be as much as three times theupeesompared to steady state [90].

6.2.4 Probabilistic Analysis

The random variable was the fracture toughnedbeimaterial used, where the
fracture toughness assumed a normal distributimm the fracture toughness. The initial
crack sizes were essentially deterministic, whicbvigled a clear picture of the risk;
however, an improvement would be to include a sietib analysis, which included test
data.

A critical aspect in the DTRA framework is the decation of the ‘Optimal’ and
‘High Risk’ regions, and their respective transitistom one to another. As previously
mentioned, each region defines itself based orslthyee of risk associated with the crack
growth, and as the slope increases (especiallyrtbiiee fast crack growth region); the
risk inherently increases as well. Quantifying thansition requires further knowledge
of the loading conditions, material variability aménufacturing techniques.

The recommendation would be to perform benchnigsin various, controlled
manufacturing samples that exhibit different flaiwes, or from specimens that have
different material variability. Material varialii would arrive from literature review
from industry and government research [39]. Thecheesting would simulate the crack
growth due to internal loading conditions. By ugiseveral different test specimens,
either through material variability or manufactgirihe sensitivity of the how the slope
changes from ‘Optimum’ to ‘High Risk’ may be studieand understood further.

Accounting for the sensitivity into the DTRA mod&buld require the modification of
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crack growth modeling, which requires a thorougbestigation of fracture mechanics
during the transition from ‘Optimum’ to ‘High Riskireas.

Accounting for such sensitivities would not altee procedure of the DTRA, as
the framework does not specify a particular typecck growth model to use. In
addition, the intersection of bench testing dattnWight data in determining POF would

arrive in the same manner as shown presented tro86&c
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Figure 2.3.1.3.8(0). Best-fit S/N curves for notched, K, = 3.0, AlSI 4340 alloy steel bar,

F,, = 260 ksi, longitudinal direction.

Correlative Information for Figure 2.3.1.3.8(0)

Product Form: Rolled bar, 1.125-inch diameter,
air melted

Properties: TUS. ksi TYS,ksi Temp., °F

266 232 RT
(unnotched)
352 — RT
(notched)

Specimen Details: Notched, V-Groove, K, = 3.0
0.270-inch gross diameter
0.220-inch net diameter
0.010-inch root radius, r
60° flank angle, e

Surface Condition: Lathe turned to RMS 10

Reference: 2.3.1.3.8(a)

Test Parameters:
Loading—Axial
Frequency—2000 to 2500 cpm
Temperature—RT
Atmosphere—Air

No. of Heats/T.ots: 1

Equivalent Stress Equation:

Log N;=7.14-1.74 log (S, - 56.4)

Ss-r; = Smx (I'R)Ilm

Std. Error of Estimate, Log (Life) = 0.32

gandal'd Deviation, Log (Life) = 0.59
2=71%

Sample Size = 29

[Caution: The equivalent stress model may
provide unrealistic life predictions for stress
ratios beyond those represented above. |

Figure A.0.1 Fatigue and material strength data ofAISI 4340 [69]
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Figure 2.6.3.1.8. Best-fit /N curves for notched, K, - 3.0 Custom 450 (H900)

stainless steel (ESR) bar, longitudinal direction.

Correlative Information for Figure 2.6.3.1.8

Product Form: Bar, 1.0625-inch diameter

Properties: TUS. ksi TYS.ksi Temp..°F

192 188 RT
(unnotched)
304 — RT
(notched)

Specimen Details: Notched, V-Groove, K,=3.0

0.283-inch gross diameter
0.200-inch net diameter
0.010-inch root radius, r
60° flank angle,

Surface Condition: Polished with abrasive nylon

cord

Reference: 2.6.3.1.8

Test Parameters:
Loading - Axial
Frequency - 1800 cpm
Temperature - RT
Environment - Air

No. of Heats/Lots: 1

Equivalent Stress Equation:

Log N;=9.64-3.21 log (Sm—39.28)

ch = S (1-R)"*

Std. Error of Estimate, Log (Life) = 0.228
Standard Deviation, Log (Life) = 0.656
R*=88%

Sample Size = 19

[Caution: The equivalent stress model may
provide unrealistic life predictions for stress
ratios beyond those represented above. |

Figure A.0.2 Fatigue and material strength data oCustom 450 [69]



Table A.0.1 Equations used for vibration analysis

Part B. Values of Cy in Part A

Clamped—Free

0.1 <pn<05 0.00092 + 0.0022261 — 0410352 + 4.576253 — 4.61575*
0.035<n <0.1  —0.0001156 4 0.0083365 — 0.22157 + 2.65657>
0.02 <5 <0035 —0.0000021 4 0.00050527 — 0.0383472 + 1.15745,

008 <n<05 0.060995 — 1.8557 4 18.7045% — 36.6653 4 23.329,*
0.027 <5 <008  0.0004134 — 0.013664n — 0.701375? + 37.08687»>
002 <7 <0027  0.0004057 — 0.046776 + 1.514361>

0.08 <n <05 —0.075256 + 0.10096n + 28.599n% — 93.341n> + 86.742n*
0.02 <p <0.08 0.0018112 — 0.15584n + 1.78725% + 146.7125°

0.08 <5 <05  —0.43498 +9.2468443n — 22.22115% + 18.419753
0.027 <75 <0.08  0.01085 — 0.800577 + 8.0472 + 692.413 — 4262.95*
0.02 <n <0027 —0.0001266 4 0.0712255 — 10.30951% + 615.065,>

007 <p<05  —0333949.9295 — 25.775* + 22.202°
0.02 <n <0.07 0.007042 — 0.5893n — 5.747n? + 1838.45n° — 14,025

AFGROW Output:

7075-T6 Axial Stress = 4 ksi

Units: English

This space for comments

Single Corner Crack at Hole - Standard Solution

Solution Typestandard

Solution ID:1030

Name Value Type

1 double

0.125 double

7075-T6511 EXTRUSION
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Class:
Subclass:
Specification:
Form:

dAdN model: hartert

Name Value Type

kic 30 double

rlo -0.33 double

rhi 0.72 double

yld 56 double

e 10300 double
poisson 0.33 double
thermcoef 1.230000e-005 exponential
hartert See Below tabular data

Tabular Datahartert

rate deltak m
(exponential) (double) (double)
1.000000e-009 2.008 0.819
2.000000e-009 2.016 0.815
1.000000e-008 2.064 0.81
2.000000e-008 2.134 0.8
4.000000e-008 2.266 0.757
6.000000e-008 2.492 0.686
1.000000e-007 3 0.597
2.000000e-007 3.887 0.58
4.000000e-007 5.28 0.45
6.000000e-007 5.754 0.41
8.000000e-007 5.885 0.41
1.000000e-006 5.96 0.413
2.000000e-006 6.713 0.42
4.000000e-006 8.081 0.428
1.000000e-005 11.412 0.42
2.000000e-005 14.804 0.41
4.000000e-005 19 0.376
1.000000e-004 24.7 0.355
2.000000e-004 29.5 0.291
4.000000e-004 34 0.25
6.000000e-004 36.5 0.245
8.000000e-004 38 0.241
1.000000e-003 39 0.238
4.000000e-003 45.2 0.217
1.000000e-002 49 0.2
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Spectrum

Name Value Type

smf 1 double
PXX 0 double
spl 0 double
Retardation

Type:hsu

Name Value Type
retardation_hsu_mo 0.6 double
retardation_hsu_r_cutoff 0.3 double
Predict Properties

Name Value Type
kle_transition 0 integer
thickness_penetration_pr_transitiof 95 double
vroman_grow 5 double
cycle_by cycle_beta_grow 0 integer
cycle_by cycle_alfa_grow 0 integer
cycle_count_stop 0 integer
cycle_count_stop_value 100000 double
spectrum_rep_stop 999999 double
kmax_failure_stop 1 integer
netstress_failure_stop 1 integer
crack_length_stop 0 integer
crack_length_stop_value 10 double
user_k_stop 0 integer
user_k_stop_value 150 double
user_transition_part_through_stop 0 integer
crack_min_grow_stop 1le-013 double
life_in_hours_out 0 integer
hours_per_pass_out 1 double
print_at_out 0 integer
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crack_growth_print_out 0.01 double
cycles_pass_out 100 double
print_to_screen_file 1 integer
print_to_data_file 1 integer
print_to_plot_file 1 integer
print_to_xml_data_file 1 integer
name_print_to_xml_data_file afgr_output.xml string
name_print_to_data_file afgr_output.out string
name_print_to_plot_file afgr_plot.pl2 string
lug_boundary_condition Combined string
Ir:Jdg__;);):rri]:;ry_cond|t|on_comb|ne_e7 0 integer
Iug_boundary_condltlon_comblne_sé 0 integer

art_spring

Configuration

Stress State

Type:automatic

Angles

Model C Angle A Angle
1010 0 90
1015 0 90
1020 0 90
1030 5 80
1035 25 87
1040 0 80
1045 0 85
1050 5 80
1060 0 80
1070 5 83
1080 5 80
1090 0 90
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Table A.0.2 Crack Growth Output for Figure 5.24, Fgure 5.25, and Figure 5.26

Cycles i C Length Beta C A Beta

0 1 0.07 2.5962476 0.5443914
180000 2 0.07 3.140639 0.6695232
328000 3 0.07 3.8101622 0.6530119
458000 4 0.0700668 4.4631741 0.3949373
575000 5 0.0732732 4.8581114 0.1710898
682000 6 0.0789149 5.0292013 0.0439861
700000 7 0.0800359 5.0731874 0.0795248
783000 8 0.0856469 5.1527122 0.0357655
841000 9 0.0900462 5.1884777 0.0340198
879000 10 0.0931588 5.2224975 0.0659527
956000 11 0.1000869 5.2884502 0
970000 12 0.1014548 5.2884502 0.0335889
1043000 13 0.1090853 5.3220391 0.1001802
1043000 14 0.1090853 5.4222193 0
1052000 15 0.110138 5.4222193 0.0774063
1134000 16 0.1201612 5.344813 0.1401631
1213000 17 0.1302784 5.2046499 0.1189493
1287000 18 0.1402931 5.0857006 0.0511921
1358000 19 0.1503928 5.0345085 0.0457124
1425000 20 0.1604874 4.9887961 0.0712503
1488000 21 0.1705265 4.9175459 0.0249081
1548000 22 0.1806461 4.8926378 0.016969
1604000 23 0.1906856 4.8756688 0.0080306
1657000 24 0.2008018 4.8676382 0.0022336
1707000 25 0.2109571 4.8698718 0.0141589
1754000 26 0.2210683 4.8840307 0.0280009
1798000 27 0.2311113 4.9120316 0.0446649
1840000 28 0.2413079 4.9566965 0
1879000 29 0.2514185 4.9566965 0.065698
1915000 30 0.2614552 5.0223945 0.0913459
1949000 31 0.27165 5.1137404 0.1256619
1980000 32 0.2816627 5.2394023 0
2009000 33 0.2917822 5.2394023 0.1749235
2035000 34 0.3018894 5.4143258 0.2378683
2058000 35 0.3123173 5.6521941 0.3415587
2077000 36 0.3227103 5.9937528 0
2086000 37 0.3327827 5.9937528 0.5473426
2094000 38 0.3441576 6.5410954 0
2099000 39 0.3549035 6.5410954 0.8477013
2103000 40 0.3679751 7.3887967 1.6937166
2106000 41 0.3823465 9.0825133 6.4795137
2108000 42 0.3964294 15.562027 15.562027
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